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ABSTRACT 


The introduction in the past few years of many new aircraft 
engine types has so greatly increased the scope of propulsion- 
system research that frequent assessments must be made of the 
problems and the goals and the direction must be determined 
for the most fruitful application of a limited research effort. A 
method of analysis is outlined that enables aircraft-propulsion 
systems to be compared on a common basis, provides an ordered 
arrangement of the systems according to their use, and indicates 
the areas in which research effort should be expended to increase 
the performance of the systems. The results of extended analyses 
of this type are summarized, and the conclusions are reached that 
intensive research effort should be directed toward increasing 


(1) the compression ratios of gas-turbine engines, (2) the cycle 


temperatures of gas-turbine engines, (3) combustion efficiencies 
and intensities, and (4) the operating temperatures of heat-resist- 
ant materials. The fundamentals of these problems are dis- 
cussed, and the research approach to their solution is outlined. 
Many problems of equal importance could not be mentioned 


because of the limitations of this presentation. 


INTRODUCTION 


IRST ALLOW ME TO EXPRESS my grateful appreciation 


F 


gram dedicated to Orville and Wilbur Wright, who 45 
years 


for the privilege of taking part in this annual pro- 


ago created and flew the first successful airplane. 
Since our meeting of last year, the world has been 
saddened by the death of Orville Wright. 
who honor him, there is the consolation that his work 


For those 


endures and the remembrance of his scientific methods 
of inquiry, his painstaking labors, his indomitable 
courage, and his final success serves as a guide and a 
cheer for all who labor to understand and to create. 

The success of Orville and Wilbur Wright resulted in 
a large measure from their creation and application of 
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research methods in basic and developmental studies of 
the airplane. It is therefore appropriate that a phase 
of aircraft research should serve as a subject for this 
year’s lecture honoring them. 

The introduction in the last decade of the gas-turbine 
engine into the aircraft-propulsion field and the more 
recent interest in the ram jet and the rocket have 
greatly extended the scope of propulsion studies and 
have led to such rapid progress that answering the 
questions ‘‘Where are we?’’ and ‘‘Where are we going?”’ 
New ideas in con- 
The 


situation is dynamic, and to avoid confusion it is neces- 


requires continuous revaluation. 
tact with new problems are reacting vigorously. 


sary periodically to freeze the reaction, reassess goals, 
and determine the direction for the most fruitful ap- 
plication of a finite research effort. 

Recognizing the importance of evaluation studies, the 
author and his associates at the N.A.C.A. Lewis Labor- 
atory have applied continued effort to these studies, 
adjusting and extending previous results as new pos- 
sibilities have become apparent. Based on the results 
of this work, a long-range view of some possible pro- 
pulsion-system developments is presented, and the 
order of magnitude of the performance gains that may 
be realized is indicated. Each step forward toward the 
sighted goals must be preceded by research and develop- 
ment oriented at the fundamentals of the problems that 
are introduced. ‘ 

A few of the important researches that will lead to 
increased propulsion-system performance are outlined, 
and the efforts now being applied to the problems are 
described. Many important research and development 
projects have been omitted in the discussion because of 
the limitations of this presentation. 


RESEARCH GOALS 


A systematic approach to the evaluation of the goals 
to be established for propulsion-system research re- 
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quires that the different systems be identified and de- 
scribed and that a basis be established for comparing 
them and determining the aircraft applications to 
which they are best suited. 

In a general sense, the engine, which is the heart of 
the aircraft-propulsion system, may be considered as a 
pipe in which chemical energy of the fuel is converted 
under pressure into thermal energy and abstracted by 
an expansion process. Engines differ mainly in their 
geometry, their capacity for breathing and burning 
fuel and air, and the method used for converting 
thermal energy into useful propulsive thrust. In jet 
types of engine, the thrust is produced by direct expan- 
sion of the primary engine gases; whereas in other 
types, intermediate mechanisms are employed between 
the expanding gases and a secondary air stream that 
produces the propulsive thrust. 

Descriptively, but not too accurately, engines may 
be divided into two broad classes: (1) constant horse- 
power and (2) constant thrust. These expressions de- 
note the approximate variation of the engine character- 
istics with airplane speed. In the first class are included 
engines using a propeller to provide thrust, and in the 
second class are included the jet-type engines. 

In the class of approximately constant-horsepower 
engines are included the compound engine and the gas- 
turbine-propeller engine, sketches of which are shown in 
Fig. 1. The compound engine combines a conventional 
reciprocating engine with a turbine that is used to ex- 
tract energy from the exhaust of the reciprocating en- 
gine. The energy is used either in a separate system to 
compress the combustion gases or is geared back into 
the engine crankshaft. In the turbine-propeller engine, 
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compressed air and fuel are burned at essentially con- 
stant pressure, and the gases are then expanded through 
In the 
expansion more energy is available than is required to 


a turbine and a nozzle to atmospheric pressure. 


compress the combustion air, and this excess energy is 
transmitted to a propeller and to a jet nozzle behind 
the turbine. 

Four types of jet engines are shown in Fig. 2. The 
turbojet engine cycle is similar to that of the turbine- 
propeller engine just described, except that the energy 
in excess of that required to compress the combustion 
air is converted directly into thrust by expansion to 
atmospheric pressure. The turbine ram-jet engine isa 
variation of the turbojet engine in which additional 
fuel is burned in the engine tailpipe so as to augment the 
thrust without increasing turbine temperatures. The 
rain jet is also similar to the turbojet except that 
mechanical compressors are not used to compress the 
combustion air. The compression results entirely from 
conversion of the velocity pressure of the air entering 
the engine into a static pressure by means of a diffuser. 
No thrust is produced, therefore, at zero speed. The 
rocket differs from the other jet engines in that it is not 
an air-breathing engine and both the fuel and the oxi- 
dant are carried as part of the propulsion system. 
Burning occurs at constant pressure in the rocket com- 
bustion chamber, after which the gases are expanded 
by a nozzle to provide propulsive thrust. 

Because of the widely different physical and perform- 
ance characteristics of the engine systems discussed, 
it becomes necessary to establish indices or rating 
numbers that will enable the engines to be compared on 
a common basis. Because the primary purpose of the 
propulsion system is to provide thrust to balance the 
drag of the complete aircraft, the performance of dif- 
ferent systems should be compared so as to relate the 
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engine thrust to the other important system character- 


istics. Index parameters of this type are: 


(1) Thrust per unit engine weight, F/ W.. 
(2) Thrust per unit of engine frontal area, F, A. 
(3) Thrust per unit rate of fuel burned, F/ wy. 


These parameters together describe in detail the 
thrust performance of the engine. In a comparison of 
different systems at the same aircraft operating condi- 
tions, the attainment of simultaneous maximumis of all 
three parameters for a given engine type would enable 
immediate selection of the engine with the best perform- 
ance. Unfortunately, comparisons of engine systems 
are not so simple because no one engine type is superior 
in all three categories. 

The problem of propulsion-system analysis then be- 
comes one of determining which combinations of these 
parameters that are unique to the different engine 
types provide the best airplane performance at dif- 
ferent flight speeds and altitudes. Into this study must 
be introduced the aerodynamic and structural charac- 
teristics of the particular airplane to which the propul- 
sion system is to be applied. It is beyond the scope of 
this paper to present the details of propulsion-system 
analysis, but it is desired to show how importantly air- 
plane speed enters into the problem of engine selection. 
For this purpose an elementary analysis will be given 
for a compound engine representative of the constant- 
horsepower type and for a turbojet engine representa- 
tive of the constant-thrust type., 

Inasmuch as the thrust of the constant-horsepower 
engine varies inversely as the speed, the thrust per unit 
engine weight for a compound engine will vary in about 
this manner, whereas the thrust-weight ratio of the 
turbojet engine will remain almost constant. Typical 
values of the engine-weight parameter F/W, for a com 
pound engine and a turbojet engine are shown in Fig. 3. 
The sharp decrease in the value of F/W, with increasing 
air speed for the compound engine leads to limitations 
of maximum speed at which engines of this type can be 
flown. 
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This point is emphasized in the simplified airplane 
performance chart (Fig. 4), in which different com- 
pound engines are selected at each airplane speed to 
provide a constant propulsive thrust. Obviously, the 
engines must become heavier with increasing speed 
according to the data in Fig. 3. Inasmuch as the 
thrust of the engine is to remain constant with increase 
in speed, the gross weight of the airplane IV’, which can 
be maintained in level flight must decrease with speed. 
This reduction with speed of the weight of the airplane 
that can be propelled by a unit thrust results from the 
well-known decrease in the airplane lift-drag ratio with 
increase in flight speed. Fo: level-flight conditions, the 
airplane lift-drag ratio is equal to the weight that can 
be carried with unit thrust IV,/F. Calculated values of 
lift-drag ratio were used in, preparing the chart; how- 
ever, the development of argument does not depend 
critically on the values chosen. When the assumed 
structural weight is subtracted from the gross airplane 
weight (Fig. 4), a weight remains at each speed that 
may be used for the engine, the fuel, and the useful 
load. Subtraction of the weight per unit thrust of the 
compound engine (Fig. 3) from the weight remaining 
for the engine and the fuel leads to the interesting result 
that no fraction of the airplane gross weight is left for 
fuel weight at a speed of 650 m.p.h., and the airplane 
range at this speed is therefore zero miles. 

A similar performance chart has been prepared for 
the turbojet engine (Fig. 5), and a finite fuel load is 
shown at all speeds on the graph. From examination 
of Figs. 4 and 5, the conclusions may be reached that 
with increasing flight speed the necessity increases for 
using engine types with high values of the weight param- 
eter F/IW, and that constant-horsepower engines 
above some subsonic speed need no longer be con- 
sidered as possible propulsion systems. The determina- 
tion of the air speed above which engines with pro- 
pellers are no longer useful for propulsion is vitally de- 
pendent on the assumptions made regarding propeller 
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efficiencies. In the calculations, values of efficiency 
higher than those now obtained at high speeds and 
blade loadings have been used in the belief that exten- 


sive research will enable these values to be reached. 
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From the performance charts (Figs. 4 and 5), the 
range may be calculated by introducing the fuel-con- 
sumption parameter F/w;. Typical values of this 
parameter are given for the compound and turbojet 
engines in Fig. 6, in which it is noted that the thrust per 
unit fuel rate is higher for the compound engine than for 
the turbojet, even up to the speed at which low values 
of thrust per unit weight F/IV, make the compound 
engine useless for propulsion. Because a unit engine 
thrust is assumed in Figs. 4 and 5, the flight time may 
be calculated by dividing the available fuel load at any 
speed by the fuel rate per unit thrust (Fig. 6). The 
flight range is approximately the product of the time 
and the speed. 

More accurate calculations of the relative range for 
the two engines in which the engine characteristics have 
been optimized at every speed are presented in Fig. 7. 
The range of the compound engine at a speed of 200 
m.p.h. is taken asa reference. The higher values of the 
relative range for the compound engine at speeds below 
about 500 m.p.h. is a direct result of the high values of 
thrust per unit fuel rate or low thrust specific fuel con- 
sumption of the engine; whereas the more favorable 
range values of the turbojet engine above this speed are 
primarily due to the high values of thrust per unit en- 
gine weight for the engine. In comparing the overall 
performance of two engines with the same ultimate 
range at a given speed, it will be found that use of the 
engine with the higher value of weight parameter F/ IV, 
will enable a greater pay load to be carried at that 
speed over a range that is shorter than the ultimate 
range. At speeds of about 500 to 550 m.p.h., an air- 
plane equipped with an optimum turbojet engine will 
carry a greater pay load than a comparable airplane 
equipped with a compound engine for flights of shorter 
distance than the calculated ultimate range. 

The size parameter, thrust per unit frontal area FA, 
which may control the drag of the power plant has not 
been discussed, but representative values have been 
included in the calculations for the engine-nacelle drag. 
Analysis shows that the reduction in specific engine 
size and drag becomes increasingly important as air- 
plane speed is increased, and at supersonic speeds the 
thrust per unit frontal area //A may become a con- 
trolling parameter. 

Orientation of propulsion-system research depends 
largely on more detailed analyses of the kind that have 
been sketched in the foregoing paragraphs. The results 
obtained in these analyses necessarily depend on the 
assumptions made with reference to the power plant and 
the airplane. Because level flight is assumed and both 
the engine and the airplane are optimized to give 
maximum crusing effectiveness at each design point of 
speed and altitude, no consideration is given to off-de- 
Further, these 
studies do not take into consideration engine opera- 


sign points such as take-off and climb. 


tional problems, costs and methods of manufacture and 
maintenance, and the problems associated with match- 
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ing and mating the engines to the aircraft. Neverthe- 
less, these studies do provide the information required 
for the sound evaluation and direction of research 
aimed toward increasing propulsion-system perform- 
ance, they indicate the sections of the speed spectrum 
for which each engine type is suitable, and they provide 
a method for estimating goals that can be achieved in 
airplane performance. 

More detailed analyses show, for example (Fig. 8), 
at a flight speed of 500 m.p.h. and an altitude of 50,000 
ft., that increasing the compressor pressure ratio of a 
turbojet engine with a maximum cycle temperature of 
2,000° R. from 4 to 20 would increase the thrust per 
unit rate of fuel consumption F/w,from a value of 0.8 to 
1.2 with a resultant increase in the aircraft range of 
about 40 per cent (Fig. 9). No increase in ultimate 
range is obtained at this speed by increasing the cycle 
temperature above current maximum values of about 
2,000°R. At the supersonic speed of 1,500 m.p.h., the 
weight parameter F/IV, and the size parameter F/A 
significantly control the aircraft range. Large in- 
creases in the values of these parameters (Fig. 10) can 
be effected by increasing the maximum cycle tempera- 
ture to 3,000° and 4,000°R. with resultant increases in 
range as shown in Fig. 11. 

Paralleling the gain in range that can be achieved by 
increasing the compressor pressure ratio at a speed of 
500 m.p.h. (Fig. 9) is the increase in the possible operat- 
ing altitude of the engine (Fig. 12). The operational 
altitude of the turbojet engine is limited largely by 
combustion-chamber blowout. Research indicates that 
an engine with a combustion-chamber pressure of 4 
atmospheres, which is limited by combustion-chamber 
blowout at about 50,000-ft. altitude, will be able to 
operate adequately at altitudes above 80,000 ft. if the 
combustion-chamber pressure is increased to 20 atmos- 
pheres. Because of the high ram pressure at a speed of 
1,500 m.p.h. it is expected that no difficulty will be ex- 
perienced with engine blowout at altitudes much below 
100,000 ft. (Fig. 12). 

The importance of providing efficient air inlets, 
diffusers, and ducting for turbojet engines is shown by 
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the analysis. The percentage reduction in the param- 
eters F/w, and F/W, corresponding to increasing 
ralues of the ram-pressure loss is shown in Fig. 13, and 
the corresponding loss in range is shown in Fig. 14. It 
will be noted that, for a given value of the inlet ram- 
pressure loss, the loss in range increases approximately 
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linearly with increase in aircraft speed. If a ram- 
pressure loss of 20 per cent of the dynamic pressure 
occurs at a flight speed of 1,500 m.p.h., the aircraft 
range is decreased about 13 per cent. Because the 
attainment of high ram-pressure recoveries increases in 
difficulty with increasing flight speed, considerable em- 
phasis must be placed on this research problem. 

In the earlier demonstration of the characteristics 
of the compound engine, calculations indicated for some 
subsonic speed, in the example 650 m.p.h., that the 
range of an airplane equipped with this engine would 
become zero. Analyses show that the turbine-propeller 
engine is similarly limited. At speeds lower than the 
limiting speeds, the range of these engines increases 
greatly, and potentially the two engines are capable of 
ranges of about the same order of magnitude at low 
subsonic speeds where the fuel parameter F/w; is most 
significant. 

In order to achieve the potential performance of the 
turbine-propeller engine, large increases above current 
values must be made in the values of the engine pa- 
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rameters F/w, and F/W,. Possible increases in the 
values of these parameters as a result of increasing the 
engine compression ratio and the maximum cycle tem- 
perature are shown in Figs. 15 and 16 for an assumed 
flight speed of 400 m.p.h. and an altitude of 25,000 ft. 
From a reference value at a compressor pressure ratio 
of 6 and a maximum cycle temperature of 2,000°R., the 
fuel-consumption parameter F/w;, is increased from 
1.73 to 2.51 by increasing the compressor pressure ratio 
to 40 and the gas temperature to 4,000°R. (Fig. 14). 
Similarly, the weight parameter F/ IV, is increased from 
a value of 0.50 at the reference condition to 0.68 for the 
engine with the higher pressure and temperature. Sub- 
stantial increases in the values of the parameters are 
possible from much smaller increases in the cycle 
pressures and temperatures. The calculated increase in 
airplane range resulting from increasing the engine cycle 
temperature and pressure is shown in Fig. 17.  Al- 
though the specific values shown in the chart are 
questionable with reference to assumptions made for 
component weights, cooling losses, efficiencies, etc., the 
general trends are clear and indicate the direction for 
future research effort. 

From the results of extensive propulsion-system 
analyses at the N.A.C.A. Lewis Laboratory, some of 
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which have been published,'~° it is possible to list a few 
of the important research problems that must be solved 
in the next few years if rapid progress is to be made in 
increasing aircraft performance. Research should pro- 
vide the fundamentals for the design of: (1) efficient 
lightweight compressors with pressure ratios up to 20 
and 30; (2) cooled turbines with high expansion ratios 
to operate efficiently at temperatures of 3,000° and 
4,000°R.; (3) combustors to operate efficiently over 
selected ranges of temperature, velocity, and pressures 
at heat input rates from 30 to 50 X 10° B.t.u. per cu.ft. 
per hour; and (4) high-temperature materials to 
operate with cooling at gas temperatures of 3,000° and 
4,000°R. The goals set are high, but the necessity has 
been explained. 

Many other researches of equal importance and 
difficulty are not included in this list, such as the 
probiems of inlets and ducts, propellers, nacelles, icing, 
controls, fuels, and the problem of combining the high- 
performance components into an engine that can be 
started and operated. Also omitted from this list are 
the researches that should be directed toward reduction 
in engine and maintenance costs. Research must be 
oriented along a broad front attacking all these prob- 
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lems, and their omission in the discussion that follows is 
based on expediency. In the next sections of the paper, 
the nature of the problems that have been listed is dis- 
cussed, and the steps that are being taken toward their 
solution are indicated. 


COMPRESSORS 


In gas-turbine engines, it will probably not be de- 
sirable to compress to pressure ratios of 20 to 30 witha 
single compressor. The starting and off-design-point 
characteristics of an engine with a single compressor 
would be poor, and the matching of the discharge-blade 
stages to the inlet-blade stages would be extremely 
difficult. A feasible arrangement to provide high 
pressure ratios is an axial-flow compressor with a high- 
volume-flow characteristic installed in front of a radial 
compressor with a high-pressure-rise-per-stage charac- 
teristic. The compressors are driven at different speeds 
by separate turbines (Fig. 18). This configuration has 
been described to emphasize the necessity for con- 
tinuing research effort on both the axial and radial 
types of compressor. These compressors, although 
differing in their physical appearance, require for their 
further development research on the same fundamental 
aerodynamic problems. 

The pressure rise possible in a subsonic stage of com- 
pression for a given amount of diffusion in the blade 
passage increases approximately as the square of the 
Mach Number of the fluid relative to the compressor 
blade. The fundamental aerodynamic problem of the 
compressor is the determination of the design for curved 
blade passages to operate at the highest possible Mach 
Number without shock disturbances and flow separa- 
tions. Analogous to the compressor problem are the 
problems of determining the isolated airfoil profile to 
operate at high Mach Numbers without force-break 
and the diffuser geometry to avoid flow separation with 
high adverse pressure gradients. The three-dimen- 
sional character of the flow in a compressor complicates 
the problem. Present approachcs to the theoretical and 
experimental solutions of the compressor problems are 


sumuarized as follows: 
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Schematic of high Mach Number cascade tunnel. 


Theoretical: 

1. Potential solutions for two-dimensional incom- 
pressible fluid flow. 

2. Potential solution for two-dimensional compres- 
sible fluid flow. 

3. Potential solution for three-dimensional incom 
pressible fluid flow. 

4. Solutions of two. and three-dimensional viscous 
fluid flow in the boundary laver. 


Experimental: 
1. Two-dimensional flow investigations in airfoil 


cascades and blade passages. 


2. Single-stage compressor investigations. 
3. Multistage compressor investigations. 


Two-Dimensional Flow Investigations 


The progressive shock development and the asso- 
ciated flow separation occurring in an airfoil cascade as 
the flow Mach Number is increased are shown clearly 


1O-PERCENT THICK AIRFOIL 


M=085 


Fic. 20. Schlieren photographs of airfoil cascade for range of 
Mach Numbers. 





by schlieren photographs taken in the N.A.C.A. Langley 
cascade tunnel (Fig. 19). Five airfoils of 5-in. chord and 
f-in. span form the cascade, which was mounted be- 
tween two */,-in. glass plates. The cascade stagger 
angle and the angle of attack of the blades were adjust- 
able and the top and bottom walls of the tunnel could 
be curved in front of and behind the cascade to provide 
uniform static pressure ahead of the blade row. The 
schlieren system consisted of two 16-in. parabolic 
mirrors of 90-in. focal length, a high-intensity spark, and 
supplementary lens and camera equipment. 

The first small shock disturbance on the N.A.C.A, 
10 per cent thick sections in cascade is observed (Fig, 
20) to occur near the blade mid-chord at a Mach Number 
of 0.76, which indicates that the speed of sound has been 
reached locally on the blade surface. The boundary 
layer is not appreciably thickened by the small dis- 
turbances. When the Mach Number is increased to 
0.81, the shock moves rearward and extends across the 
passage, and the boundary layer behind the shock 
thickens markedly. At a Mach Number of 0.85, sonic 
speed has been reached throughout the passage, and 
Violent 


separation of the boundary layer on the upper surface 


further increases in flow are impossible. 
of the blade occurs behind the shock. The cascade 
studies show that the turning effectiveness of the 
blades continues undiminished above the critical Mach 
Number (7 = 0.76) until the Mach Number for force- 
break (JJ = O.S1) is reached. Above this Mach 
Number a sharp decrease in the turning angle of the 
cascade is noted. 

Similar flow pictures for a cascade of highly cam- 
bered airfoils of 6 per cent thickness operating at their 
design angle of attack are shown in Fig. 21. The air- 
foils were designed to provide more turning in the 


6-PERCENT THICK AIRFOIL 
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M=0.94 


Fic. 21. Schlieren photographs of airfoil cascade for range of 


Mach Numbers. 
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cascade and to operate at higher lift coefficients than 
were the 10 per cent thick airfoils previously discussed. 
The flow phenomena observed for the two cascades are 
similar except that the initial shock originated well 
forward on the highly cambered nose section of the 
thinner airfoil and the final choking of the passage was 
delayed to a Mach Number of 0.94. Of interest is the 
shock occurring on the lower surface of the airfoil nose 
at Mach Numbers of 0.90 and 0.94. Rapid expansion 
of the fluid around the sharp airfoil nose resulted in a 
local supersonic region followed by a shock. 

The flow separation occurring slightly before a Mach 
Number of 0.84 signalized the force-break for the 
cascade and the decrease in cascade turning angles. 
The variation of the measured turning angle wi h Mach 
Number for the N.A.C.A. 6 per cent thick airfoil cas- 
cade is shown in Fig. 22. The cascade turning angles 
increase continuously with Mach Number through the 
critical speed until the Mach Number for force-break 
is reached, which for this case is about 10 per cent 
higher than the critical Mach Number. These results 
are analogous to those presented by Stack for the 
isolated airfoil in the Eighth Wright Brothers Lecture.® 
Systematic investigations of airfoils in cascade, in 
which measurements are taken of flow deflection, pres- 
sure distributions, and losses, provide a powerful tool 
for compressor research. This research is expedited if 
the theoretical pressure distributions are available to 
aid in the selection of the airfoils for test. 

In the theoretical cascade studies, airfoil shapes are 
sought for which the chordwise blade pressure loading 
at the design point is as uniform as possible, consistent 
with avoiding excessive adverse pressure gradients on 
the rear half of the upper blade surface. Blade shapes 
on which pressure peaks occur on either surface at or 
near the design point are avoided. 

The theoretical problem of calculating the loading on 
airfoils in cascade and the inverse problem of specifying 
the airfoil profile to provide a given blade loading have 
been solved for an assumed nonviscous incompressible 
fluid. The calculations, in general, are tedious and for 
practical application require special computing aids. 
In several of the theories, the infinite airfoil cascade is 
conformally transformed by steps into a circle or a 
flat plate for which the flow is known.’~'* The corre- 
spondence of points on the circle and the airfoil is known 
from the mapping functions, and the flow on the airfoils 
can be determined. Dr. Katzoff and his coworkers at 
the N.A.C.A. Langley Laboratory have developed an 
ingenious and comparatively practical method for the 
calculation of pressure distributions on airfoils in cas- 
cade.!* In this method the flow on the central airfoil 
of the cascade in the presence of the remaining infinite 
airfoil lattice is determined in the physical plane by a 
rapidly converging iteration process. The flow function 
on the central airfoil is made up of four parts, namely: 

(1) The flow function for the isolated airfoil, which 
is determined by Theodorsen’s method.'® 
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Fic. 22. Variation of turning angle with Mach Number. 

(2) The interference flow function of the external 
airfoils, which is derived from the work of Betz.° 

(3) The compensating flow function required to 
maintain the airfoil a streamline in the presence of the 
disturbance flow. 

(4) The circulation function that must be added to 
maintain the trailing-edge conditions. 

A graphical method is used to determine the in- 
fluence of the external airfoils, and by successive ap- 
proximations a velocity distribution is found such that, 
when it is used in calculating the velocity induced by 
the outer airfoils, the same velocity distribution results 
on the central airfoil. Comparisons have been made 
between pressure distributions calculated by Katzoff's 
method and cascade tests (Fig. 23). The results of 
theory and experiment are in good agreement. Earlier 
attempts to obtain agreement were less successful.'® 
Failure to obtain agreement was traced to the experi- 
mental cascade technique, which for the earlier tests 
did not include removal of the boundary layer on the 
cascade tunnel walls. 

Exact solutions of the flow of a compressible non- 
viscous fluid past an airfoil cascade have not as yet been 
made. The relaxation solutions developed by South- 
well'? and Emmons!’ can be used to approximate the 
exact solution to a practical degree of accuracy by using 
a sufficiently fine network of points. Values of the 
stream function are assigned to the net points, which 
are then adjusted or relaxed by the difference equation 
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POTENTIAL LINE 


Flow network in channel between blades of turbine 
cascade. 


Fic. 24. 


until residuals are zero. This method offers consider- 
able promise if calculating machines are developed for 
the work. A mechanical method of approximating 
compressible channel flow based on the relaxation prin- 
ciple has been developed by the General Electric 
Company. Huppert and MacGregor!’ have applied a 
modification of the stream-filament theory’? for the 
calculation of compressible nonviscous flow over high- 
solidity blades in cascade. In this method the stream- 
lines are established by assuming a linear variation in 
flow curvature between the passage boundaries (Fig. 
24). Potential lines are drawn at right angles to the 
streamline, and a reference value is established on the 
pressure surface at the trailing edge of the blade. The 
potential network is completed from knowledge of the 
design values of the average inlet- and discharge-air 
angles and adjusted to satisfy the continuity relations. 
The blade-surface velocities are then computed. The 
agreement of calculated and experimental velocity dis- 
tributions on a turbine cascade with a chord-gap ratio 
of 1.5 is shown in Fig. 25. 

Stanitz*! of the Lewis laboratory has successfully 
applied the relaxation method to determine the two- 
dimensional compressible-flow pattern in a centrifugal 
compressor with straight radial blades. A chart is 
given (Fig. 26) which shows the streamlines of the flow 
and lines of constant relative Mach Number at a blade- 
tip Mach Number of 2. Areas of flow reversal are re- 
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Fic. 25. Comparison of theoretical and experimental velocity 
distributions on turbine blades. 


vealed on the driving face, and large adverse velocity 
gradients are shown to occur on the trailing face of the 
rotor blade. The high adverse velocity gradients on the 
trailing blade face lead to boundary-layer separation 
and low impeller and diffuser efficiency. The ana- 
lytical studies may lead to blade designs in which 
flow reversal and boundary-layer separation can be 
avoided. 

These theoretical and experimental techniques for 
studying the two-dimensional flow problems of the 
compressor have been brought to a stage of practical 
usefulness only during the past several years, and their 
full exploitation to provide engineering design data 
remains to be accomplished. This work, which is in 
progress, is expedited by the background of information 
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on the analogous problem of the isolated airfoil. The 
unsatisfactory state of the knowledge regarding the 
conditions under which the boundary layer separates on 
the isolated two-dimensional airfoil is reflected as an 
equally inadequate understanding of the problem for 
the compressor blade. The problem of boundary-layer 
separation remains as the most important and least 
understood of all the multitude of prob'ems to be 
solved, upon which depends the future progress of the 
compressor, the engine, and the airplane. 

Calculations based on theory and experiment show 
the possibility of developing at limiting Mach Numbers 
a pressure ratio of 1.4 across a single axial stage of a 
subsonic compressor. If this pressure rise per stage 
could be developed in a compressor, an eight-stage unit 
could be designed to give a pressure ratio of 14.76. It 
will be of interest to show how the three-dimensional 
problems introduced by compressor rotation, the effects 
of fluid viscosity, and the effects of staging blade rows 
reduce the compressor pressure ratios below those 
calculated from two-dimensional studies. 
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Three-Dimensional Flow Investigations 


The mass flow per unit frontal area of the compressor 
must be large if high values of the performance param- 
eters F/W, and F/A are to be attained in the turbine 
engine. In the axial-flow compressors, high flow rates 
are obtained by designing with large ratios of inlet-blade 
height to compressor diameter and by using optimum 
design combinations of axial air-flow velocities, blade 
arrangements, and relative Mach Numbers. The 
methods for optimizing the compressor-design variables 
are too detailed to be discussed here; however, some of 
the difficulties introduced by the use of compressor 
blades of large radial length should be mentioned. 


The longer the blade, the larger are the radial and 
secondary flows in the blade passage and the greater are 
the deviations from two-dimensional flow. Long blades 
are advantageous, however, in reducing tip clearance 
and annulus friction losses. Numerous researches are 
now in progress to investigate the three-dimensional 
flows in compressors with low hub-to-tip diameter 
ratios. The problem may be stated as follows: Given 
an arbitrary loading of the blades along their length, 
the blade speed, and the fluid state far ahead of the 
blades, determine the three-dimensional velocity field 
in the plane of the blades. When the mean flow in 
which each radial-blade element is situated has been 
determined, the two-dimensional analysis already dis- 
cussed may be applied to determine the blade angle and 
profile at each radial station. The problem is analogous 
to that of the three-dimensional finite wing, but theo- 
retical solutions are much more difficult. 


The incompressible nonviscous fluid solution is 
simple only when the distribution of tangential velocity 
in the plane normal to the compressor axis is that of a 
vortex located on the compressor axis. With a vortex 
distribution in an incompressible fluid, no radial or 
axial velocities are induced, the circulation is constant 
along the length of the blade, and the blade behaves 
like an infinite wing. The simplifications introduced by 
specifying vortex flow for the first stages of a compressor 
has led to its widespread use, but the attainment of 
maximum pressure rise and mass flow may be penalized 
because with vortex flow the relative Mach Number at 
the rotor tip is much higher than at the blade root. 
Other radial distributions, such as are given with 
symmetrical velocity diagrams and constant enthalpy 
along the blade span, lead to a more difficult theoretical 
problem. 


Traupel®? discussed the three-dimensional flow of a 
perfect incompressible fluid passing a stage consisting of 
an infinite number of untwisted blades. Meyer** gave a 
more general discussion on the three-dimensional flow 
through a single row of blades bounded by two cylin- 
drical walls, again assuming a nonviscous incompres- 
sible fluid. Marble‘ has recently contributed an ex- 
cellent discussion of the three-dimensional problem in 
which he gives a linearized approximation to the radial, 


tangential, and axial velocities in the flow field for 
selected span loadings. His method treats blades of 
finite chord or a dise with an infinite number of blades. 
The linearization of the problem enables solutions for 
multiple blade rows to be obtained by superposition. 
Marble assumes a perfect incompressible fluid. 

Wu and Wolfenstein®® of the N.A.C.A. Lewis 
Laboratory have attacked the problem from the point 
of view of blade-passage flow rather than finite wing 
flow, and they developed a method applicable to com- 
pressible fluid flow through stages with an infinite 
number of blades. The blade loading and the shape of 
the passage may be arbitrarily chosen. The importance 
of the radial-flow component is emphasized in this work 
and is shown to consist of a generally monotone com- 
ponent due to the taper in the passage wall and an 
oscillatory component caused by the radial variation 
of the specific mass flow at different stations along the 
compressor axis. The effect of the radial flow is in 
creased with long blades, with high Mach Numbers, 
and with high ratios of axial and tangential velocities 
to the blade-tip velocity. Wu and Wolfenstein’s paper 
includes a typical calculation for a compressor designed 
for operation at high Mach Numbers with low hub-to- 
tip ratios and having blades employing constant total 
enthalpy and symmetrical velocity diagrams along 
their lengths. Errors of as much as 3° in the relative 
air angles and 4 per cent in the mass flow are shown to 
occur if consideration is not given to the radial flow in 
the compressor. 

Although the theories outlined are helpful in indi- 
‘ating broad trends and the relative importance of the 
variables, the usual assumption of a perfect fluid flow 
is not sufficiently representative of the compressor flow 
to provide detail assistance to the designer. Along the 
walls of the compressor annulus, a boundary layer de- 
velops which thickens rapidly because of the high ad- 
verse pressure gradients, and after a few stages of com 
pression the layer may fill the entire annulus. The 
axial velocity distribution deviates from the design 
values and assumes a peaked character with maximum 
velocities in the center of the annulus. Flow leaks 
from the lower to the upper surface of the compressor 
blades through the running clearance at the blade tips, 
which introduces losses and additional secondary flows 
in the passages. The displacement of the flow by the 
boundary layers on the blade surfaces and the com- 
pressor walls reduces the effective flow-passage area 
and changes the values of the axial and tangential ve- 
locities. Because the flow disruption resulting from the 
fluid viscosity is of first order in magnitude and inade- 
quately understood, experimental research is relied 
upon to provide three-dimensional compressor design 
information. Large research installations have been 
provided at the N.A.C.A. laboratories and elsewhere 
for this work. The N.A.C.A. Lewis Laboratory in- 
stallation includes numerous motor drives for compres- 
sors with capacities up to 15,000 hp., a refrigerated-air 
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supply, and an exhauster capacity of 80 lbs. per sec. 
at a back pressure of about 3 in. of mercury. With 
these facilities, single-stage and multistage compressors 
may be investigated over wide ranges of capacities and 
Reynolds Numbers. A typical installation of a multi- 
stage compressor of 30-in. diameter on a test bed 
equipped with a 6,000-hp. motor is shown in Fig. 27. 
A typical dynamometer installation of a 14-in. diameter 
single-stage compressor with the upper half of the casing 
removed to expose the blading is shown in Fig. 28. 


A recent experiment on a single compressor stage 
with a hub-to-tip ratio of 0.8 and solidity of 1.2 was 
made to obtain a comparison between single-stage and 
cascade results. The blades were designed from cas- 
cade data to operate at high relative Mach Numbers, 
and a detailed study was made of compressor flow and 
performance. The measured blade turning angles and 
those predicted from cascade results are shown in Fig. 
29. The values of the turning angle are in good agree- 
ment at the design blade angle of attack of 13°, but con- 
siderable deviation occurs at angles of attack 4° greater 
and 5° less than the design angle. The efficiency and 
the total-pressure ratio for the stage are shown in Fig. 
30 for a range of relative inlet Mach Numbers. The 
drag force-break for the compressor blading occurred 
at a relative Mach Number of about 0.81, which was in 
good agreement with results predicted by cascade 
tests. The total-pressure ratio continued to rise with 
an increase in Mach Number after the drag force-break 
and showed only a slight tendency to level out between 
Mach Numbers of 0.85 and 0.90. The delay in the lift 
force-break is characteristic for the three-dimensional 
flow that resulted when flow separation occurred at the 
root and the tip of the relatively low-aspect-ratio com- 


pressor blades. 


Experimental multistage compressors, such as the 
one shown in Fig. 31, are used for investigations of 
stage matching and boundary-layer development in the 
annulus. The increase in temperature of the gas result- 
ing from compression reduces the relative Mach Number 
downstream of each blade stage unless the axial velocity 
or stagger angle of the blading is greatly increased to 
compensate for it. The determination of the optimum 
combination of passage taper, blade-load distribution, 
and blade geometry to provide high pressure ratios and 
good efficiency in the downstream stages is as yet an 
unsolved problem. 


The freedom from manipulating these variables is 
insullicient in a practical compressor design to provide a 
pressure rise in the later stages of compression equal to 
the calculated single-stage value of 1.4. The establish- 
ment of adequate fundamental data to enable the de- 
signer to effect the most advantageous compromises 
among the many additional design variables introduced 
by multiple staging of blade rows is an important cur- 
rent research. The necessity for avoiding too many 
stages on a single rotor has been shown, and the desira- 


bility of staging compressors operating at different 
rotational speeds is indicated. 

Emphasis has been placed throughout this discussion 
on the problems encountered in attaining high com- 
pressor pressure ratios, and no particular mention has 
been made of the lower adiabatic compressor efficiencies 
that will accompany the increase in pressure ratio. If 
the maximum cycle temperature of the gas-turbine 
engine is increased, the work done per pound of air 
increases and the losses incurred in the compressor rep- 
resent a smaller part of the total energy in the cycle. 
Further, in a cycle of high expansion ratio a large frac- 
tion of the losses incurred in the compressor are re- 
gained for useful work. These effects tend to reduce the 
harmful influence of compressor losses on the overall 
cycle efficiency. 

This result is: illustrated in Fig. 32, in which the 
effect of compressor efficiency on the fuel consumption 
parameter F/w, is shown for two turbine-propeller 
engines. A decrease in adiabatic compressor efficiency 
from 90 to 75 per cent increases the fuel consumption 19 
per cent for an engine with a maximum cycle tempera- 
ture of 2,000°R. and a cycle pressure ratio of 16; 
whereas the fuel consumption is increased only 6 per 
cent for the same decrease in compressor efficiency if the 
cycle temperature is 4,000°R. and the cycle pressure 
ratio is 40. At high cycle temperatures and pressures 
the adiabatic compressor efficiency is of less signifi- 
cance, although every effort must be made to maintain 
the polytropic stage efficiency as high as possible. 

No discussion of high-pressure-rise compressors 
would be complete without mention of the supersonic 
compressor. The Germans apparently were the first 
to consider the advantages of supersonic compressors. 
The first supersonic compressor was probably designed 
and built by Encke of AVA, Gottingen, beginning in 
1935, and tests were run in 1936. Weise of the DVL, 
Berlin, who took out patents in 1936, and Encke and 
Betz of the AVA must have conceived the idea almost 
simultaneously. The German work was not based too 
soundly on theory, and the experimental compressor 
built by Weise**® was a failure. A research program was 
initiated in this country in November, 1941, with a 
proposal by Redding of the Westinghouse Electric 
Corporation that compression shocks be utilized in 
compressors to bring about a pressure rise. A series of 
Westinghouse progress reports followed, but the work 
was culminated in late 1942. At about the same time, 
Kantrowitz at the N.A.C.A. Langley laboratory was 
considering the possibilities of the supersonic com- 
pressor and beginning supersonic-diffuser studies that 
were required to establish a fundamental basis for the 
compressor work. His work has since been continued at 
the Langley and Lewis laboratories with encouraging 
results. 

The potentialities of the supersonic compressor are 
best illustrated by noting that the total-pressure ratio 
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resulting from isentropic diffusion of air from a Mach 
Number of 0.85 to rest is 1.62, whereas isentropic 
diffusion from a Mach Number of 2 to rest results in a 
total-pressure ratio of 7.62. Nonisentropic and incom 
plete diffusion reduces, as in the case of the subsonic 
diffuser, the stage pressure ratios that can be obtained 
in the supersonic compressor. 

The schematic arrangement of one type of supersonic 
compressor is Shown in Fig. 33. The air enters the com 
pressor with a subsonic axial velocity. Relative to the 
rotor the flow is supersonic. Diffusion to a lower Mach 
Number occurs in the rotor passage followed by a shock. 
The air leaves with a subsonic velocity relative to the 
rotor and with a subsonic absolute velocity. The air is 
turned to its original direction by a conventional sub 
sonic stator. Results on supersonic compressor research 
are not available for discussion. Research is being 
continued and the gains that may be made are illus 
trated in Fig. 34 by comparing the size of a possi- 
ble supersonic compressor with that of a subsonic 
compressor with equal mass-flow rate and pressure 


ratio. 
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TURBINE COOLING 


Turbine cooling is advantageous not only for applica- 
tions in high-temperature cycles to increase the engine 
performance but also to enable the strategic material 
content to be reduced in turbine blades operating at 
lower temperatures. For the latter purpose, work was 
started in Germany in about 1935 on the development of 
both air-cooled and liquid-cooled turbines. The tur- 
bines on both the Jumo 004 engine and the BMW 003 
engine, which were designed to operate at maximum gas 
temperatures of about 2,000°R., were air-cooled, and 
the turbine materials were of low alloy content. A 
sketch of the cooled turbine nozzle and blade installa- 
tion for the Jumo 004 engine is given in Fig. 35. The 
turbine nozzles, which were made of a chrome-man- 
ganese-alloy steel, were formed by bending tapered 
sheet steel around simple rib shapes and welding at the 
trailing edge. Air was bled from the compressor and 
introduced into an annulus at the hollow-blade base. 
The trailing edge of the blade was opened to provide an 
outlet for the cooling air. 

The Germans exercised extreme ingenuity in their 
methods of construction of the turbine blades. The 
Jumo 004 blades were pressed from round plates, which 
were first upset into a cup shape and then drawn out 


into a tube of tapering wall thickness. Successive 
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Fic. 36. Air-cooling passages in turbine blades 
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Fic. 37. Liquid-cooling passages in turbine blades. 





Fic. 38. 


Photograph of experimental liquid-cooled turbine. 


deep-drawing operations formed the blade into its final 
shape. The hollow rhomboidal section at the base of 
the blade is silver-soldered to a stub on the rim of the 
turbine dise. Air bled from the compressor is fed to the 
blade through diagonally directed holes at the rim of the 
turbine wheel. The cooling air is discharged through 
the open tip of the turbine blade from where it leaks 
back into the primary gas stream. The large tip 
clearance and generally poor aerodynamic design of 
the blading resulted in turbine efficiencies that were as 
much as 10 per cent lower than those that may be 
attained in good practice. 

The Germans were also active in the development of 
a liquid-cooled turbine. Professor Ernst Schmidt of the 
LFA, Braunschweig, designed and constructed a liquid- 
cooled turbine that operated successfully at inlet gas 
temperatures of 2,700°R. A water-cooling system was 
used with a number of radial blind holes drilled in each 
turbine blade. The water was fed in one end of the 
hollow drive shaft and steam was exhausted at the 
other end of the shaft. Schmidt calculated that the 
pressure due to the centrifugal force was about 40 
atmospheres at the entrance of the cooling passages and 
about 200 atmospheres at the outer end of the holes. 
Natural circulation of the fluid is established in the 
blades because the higher-density coolant at the center 
of the blade is forced radially outward, displacing the 
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lower-density heated liquid along the walls. The 
hydrostatic forces acting in the strong centrifugal field 
are large, and no difficulties were apparently experi- 
enced in providing adequate circulation. The high 
pressures prevent the formation of steam in the blades. 
It was reported that the blade temperatures obtained 
during operation with gas temperatures of 2,700°R. 
were 1,212°R. in the sections adjacent to the cooling 
passage and 1,560°R. at the outer tip of the trailing 
edge. 

Many internal arrangements of the cooling passages 
have been suggested for air-cooled turbines. A few of 
these are sketched in Fig. 36. The hollow blade is 
obviously uneconomical in its use of cooling air, and it 
has been calculated that the cooling-airflow require- 
ments can be reduced one-third by the use of an insert in 
the center of the blade. Higher efficiencies can also be 
attained by the use of fins to transfer heat from the 
blade surface to the cooling medium.  Film-cooling 
methods, in which the cooling fluid is discharged 
around the blade periphery by means of slots or allowed 
to seep through porous blade walls, have also been sug- 
gested. 

A typical section through a liquid-cooled turbine 
blade and alternate methods of directing the cooling 
flow through the blade passages are shown in Fig. 37. 
The cooling passages may be drilled to provide con- 
tinuous forced circulation of the fluid through the blade 
or natural convection of the fluid through the influences 
of centrifugal force, and temperature gradients may be 
employed, as was done by Schmidt. The fluid may be 
introduced into the rotor without great difficulty by 
slinger-ring devices, such as are used in propeller de- 
icing and impeller injection systems for reciprocating 
engines. A photograph of a liquid-cooled turbine 
wheel with aluminum blades which was investigated at 
the Lewis laboratory is shown in Fig. 35. . 

Much of the fundamental knowledge required for an 
accurate evaluation of turbine cooling is yet unavail- 
able. The basic aerodynamic and heat-transfer prob- 


lems may be outlined as follows (Fig. 39): 
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thermal conditions at solid surface. 


1) Determination of the three-dimensional com- 
pressible flow of the gas through the turbine-blade 
passages. 

(2) Evaluation of the heat transfer from the gas 
stream to the blade surface. 

3) Evaluation of the heat transfer from the inner 
surfaces to the cooling medium. 

Methods for determining the local velocities on the 
blade surfaces have been previously described and this 
phase of the problem may be considered adequately 
developed for practical application. For the calcula- 
tions of the heat transfer on the outer blade surface, an 
understanding of the nature and the development of the 
boundary layer is required. It is to be hoped that the 
boundary layer will remain laminar over the blade 
surface so as to reduce the heat transfer from the gas 
to the blade. 

The work of Lees®’ on the stability of laminar layer 
in a compressible fluid leads to the belief that the 
boundary layer will remain laminar. Lees has shown 
that the extraction of heat from the laminar layer, as 
occurs in the case of blade cooling, will damp the dis- 
turbances leading to transition and increase the value 
of the critical Reynolds Number. The values of the 
critical Reynolds Number based on distance along a 
flat plate for different values of heat addition and ex- 
traction from the boundary layer are shown in Fig. 40. 
It will be noted for a value of the ratio of surface tem- 
perature to free-stream temperature of 0.7 that the 
critical Reynolds Number based on the distance along 
the plate reaches a value of 6 X 107. In the operating 
turbine, much lower ratios of wall to gas temperature 
will exist, and over most of the blade surface the bound- 
ary layer will be operating under a favorable pressure 
gradient. The Reynolds Numbers based on surface 
length and stream temperature, which are calculated 
for turbines operating in high-performance engines, 
will be in the range from 5 X 10° to2 X 10°. 

From Liepmann’s work** on the effect of wall curva- 
ture on the boundary-layer stability, it is not to be ex- 
pected that the critical Reynolds Number will be 
lowered for the convex side of the turbine blade. On 
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the concave side of the blade, where his study indicates 
that the curvature decreases the critical Reynolds 
Number, extremely favorable pressure gradients will 
occur. An extension of Lees’ work to take into account 
the effect of the pressure gradient and the curvature is 
needed for turbine-cooling studies. The work of von 
Karman and Tsien,??> Hantzsche and Wendt,*® and 
Lees?’ provides a substantial guide toward the deter- 
mination of the local velocity and temperature profiles 
and the heat-transfer coefficient along the blade chord. 
Boundary-layer profiles for several values of the ratio of 
surface temperature to ambient stream temperature 
had been computed by the method of Hantzsche and 
Wendt* and are shown in Fig. 39. It is noted that as 
the surface temperature is reduced relative to the 
stream temperature the velocities near the plate are 
increased, and the values of the sheer stress and the 
heat transfer are higher than those given by the Blausis 
profile. Extensions of these calculations to take into 
consideration the effect of curvature and pressure 
gradient are also needed. If it can be shown that the 
boundary layer on the blade surface will remain laminar 
under the turbulent initial stream conditions existing in 
the operating machine, it is believed that reasonably 
accurate predictions of the heat transfer on the ex- 
ternal blade surface can be made. 

Several additional complications arise in considera- 
tion of the heat transfer from the inner blade surfaces 
to the cooling medium. <A temperature gradient occurs 
along the blade length as a result of the centrifugal 
compressions of the gases in the blade, and Coriolis 
forces contribute to nonuniform distribution of the 
cooling flow. The flow is undoubtedly turbulent, be- 
cause in this case the entrance conditions are extremely 
poor and heat is being added to the boundary layer. 
Thus far it has been possible to make only gross ap- 
proximations of the internal heat flow. 

In order to understand better the physical nature of 
this problem and to provide a basis for engineering de- 
sign, numerous.experimental investigations have been 
initiated. These investigations include basic heat- 
transfer studies under conditions of high Mach Number, 
high temperature, and large heat-flow rates, as well as 
measurements on cooled turbine cascades and cooled 
A recent experiment at the Lewis Labora- 
Hantzsche and 


turbines. 
tory*' substantiates the method of 
Wendt, Ebers, and Lees of presenting heat-transfer 
data in terms of the physical properties of the fluid for 
conditions existing at the heat-transfer surface rather 
than in the free stream. Flow was established in a pipe 
of 0.402-in. inside diameter and a length of 24 in., and 
the average wall temperature was increased in incre- 
ments up to 1,240°F. by means of an electric current 
flowing through the pipe. Measurements were made of 
the rise in temperature of the air stream at different 
distances down the tube for values of the wall tempera- 
ture varying from 220° to 1,240°F., for Reynolds 
Numbers varying from 10,000 to 250,000 and for tube- 
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exit Mach Numbers up to 1.0. An attempt was made to 
correlate the data by the usual Nusselt Number- 
Reynolds Number plot in which the physical properties 
of the gas were based on the average bulk temperature 
of the gas in the pipe. No correlation of the data at the 
different wall temperatures could be obtained in this 
way, as is shown in Fig. 41. Good correlation resulted, 
however, when values of convectivity, viscosity, and 
density were based on the average temperature at the 
inner surface of the tube (Fig. 42). Application of this 
principle to results obtained in turbine cascades has 
also resulted in better correlation of the data. 
Experimental investigations of turbine cooling with 
combustion gases at high temperatures are extremely 
difficult. New techniques must be devised for studies 
of the boundary layer on the blades. Conventional 
hot-wire techniques and probe methods are extremely 
difficult. It is hoped that the interferometric tech- 
niques, such as have been developed recently at the 
Lewis Laboratory in studies of boundary layers at 
supersonic speeds, can be adapted to this problem. 
Both the experimental and theoretical approaches to 
the solution of the turbine-cooling problem are in an 
early state of development, and much work remains to 


be done. 


COMBUSTION 


The design of combustion chambers to provide the 
large rates of heat release required by gas-turbine en- 
gines operating with high cycle temperatures and 
pressures introduces fundamental problems for the 
solution of which there exists no really adequate theo- 
retical or experimental background. The magnitude 
of the combustion problem can be appreciated from 
the estimated heat-release requirements for flight at 


high speeds, as shown in Table 1. 





TABLE 1 
Engine Heat-Release Rate 
Type Operation (B.t.u./cu.ft./hour) 
Turbojet 500 m.p.h. at 30,000 ft. 6 X 108 
Turbojet 1500 m.p.h. at 30,000 ft. 50 & 108 
Ram jet 1500 m.p-h. at 30,000 ft 30 & 108 


Within the relatively few years of intensive research 
on the problem of combustion for turbine engines, con- 
siderable progress has been made in establishing a 
basis for combustion-chamber design, which is founded 
largely on the systematic accumulation of a mass of 
experimental data. A commensurate gain in the de- 
velopment of the theory of combustion as it occurs in 
the turbine-engine combustion chamber has not yet 
been achieved, but an appreciation of the primary 
factors governing combustion has evolved. The es- 
sential difficulty in formulating an adequate theory of 
combustion lies in the fact that the combustion process 
depends on the complex interaction of aerodynamic, 
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chemical, and physical factors, which even separately 
are not well understood. An adequate theory of the 
chemistry of quiescent combustion, in particular, has 
been devised for only the simplest types of fuel under 
specified physical conditions. 


The applied goals of combustion research are to pro- 
vide a combustion chamber having the following char- 
acteristics: a high rate of heat release per unit volume; 
a large air mass flow per unit area of chamber cross sec- 
tion; stable combustion with good combustion effi- 
ciency over a wide range of conditions of combustion- 
chamber air temperature, pressure, flow velocity, and 
fuel-air ratio; light weight and small size; long life at 
extremely high temperature, which implies both a re- 
sistance to deterioration of the materials in strength or 
form and the accumulation of undesirable solids; and 
reasonable simplicity iu construction and maintenance. 
Because the energy available from the addition of heat 
is obtained by the subsequent expansion of the combus- 
tion gases, all the combustion-chamber qualities speci- 
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Fic. 43. Effect of fuel-air ratio on temperature rise across 
combustion chamber. 


fied must be provided with a minimum loss in total 
pressure of the gases passing through the combustion 
chamber. 

Research aimed at improving the combustion- 
chamber quality must also consider the aircraft opera- 
tional performance, which depends on the combustion- 
chamber performance characteristics. Early in the 
development of the turbine engine, three major classes 
of operational problems related to the combustion- 
chamber performance were recognized: engine starting, 
engine acceleration, and stable high-altitude operation. 
The sea-level techniques for starting the engine, which 
often flood the engine with fuel, are sometimes ineffec- 
tive at altitudes where burner blowout is most likely to 
occur. The acceleration of the engine becomes more 
difficult as the altitude is increased. Acceleration of the 
rotating system of the turbojet engine requires that 
combustion-gas temperatures be provided at the tur- 
bine inlet that are greater than those necessary for 
steady operation at the existing rotational speed. As 
the fuel flow is increased to accelerate the engine, a con- 
dition is reached where further fuel flow decreases the 
combustion-gas temperatures. Although the overall 
fuel-air ratio is much less than stoichiometric, the 
variation of temperature rise across the combustion 
chamber with fuel-air ratio has the trend shown in Fig. 
43. An upper limit is therefore imposed by the com- 
bustion chamber on the engine acceleration and flexi- 
bility of operation. Also, as the operating altitude of 
the turbine engine 1s increased, a progressive decline in 
the combustion efficiency occurs. An altitude is finally 
reached at which combustion becomes unstable and 
blowout of the flame occurs. In many of the early 
turbojet engines, the blowout-limited operational ceil- 
ings were disappointingly low. 

Any solution proposed for one class of operational 
problem must not aggravate the difficulties in the 
others. In general, it was found that those factors that 
served to improve the combustion efficiency and heat- 
release rate provided a corresponding improvement in 
operational performance. Often, however, an extension 
of the stable operational range was achieved at the ex- 
pense of reduced combustion efficiency. 

Substantial improvements have been made in com- 
bustion-chamber performance since widespread in- 
terest in gas-turbine engines began less than a decade 
ago. Heat-release rates have been more than doubled 
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and the stable operating altitudes have been raised 
from 18,000 to 60,000 ft. The research by which these 
gains were achieved has provided a considerable stock- 
pile of information that forms a semiempirical basis for 
current combustion-chamber design practice. The re- 
search is aimed at the development of two major types 
of engine combustion chamber shown in Fig. 44: the 
ram-jet combustion chamber, in which fuel-air ratios up 
to stoichiometric may be used; and the gas-turbine 
combustion chamber, which has thus far been limited to 
effective overall fuel-air ratios less than one-third 
stoichiometric by the low mechanical strength of the 
turbine blades at elevated temperatures. The combus- 
tion processes are essentially the same, however, in both 
types of combustion chamber. 

The essential components of the combustion cham- 
bers are an entrance section, fuel-injection system, and 
devices for promoting and stabilizing the combustion. 
In the ram jet these devices generally take the simple 
form of the flame holder shown in Fig. 44. In the gas- 
turbine engine, a liner surrounding the combustion 
space is used to split the air into a primary stream that 
provides air to maintain near stoichiometric conditions 
in the combustion zone and into a secondary stream 
that cools the liner and mixes with the combustion 
products to reduce their temperature and quench the 
combustion before the gases enter the turbine. The 
annular and can types of turbine combustion chamber 
are the principal forms in current use. From the stand- 
point of the combustion process, both are similar and 
perform equally well. 

Because the turbojet and ram-jet combustion prob- 
lems are essentially the same and experiment has shown 
that variations in the parameters controlling combus- 
tion in both types of engine produce the same trends, 
they will be discussed together. 

One of the most fruitful techniques for studying the 
effects of the various parameters that influence the 
combustion process is to establish the operation of the 
combustion chamber under controlled conditions near 
one of the limits of stable combustion. In this way the 
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Fic. 44. Typical turbojet and ram-jet combustion chambers. 
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primary factors controlling the combustion process 
under the established conditions are readily discerned 
and their effects evaluated. By this and other devices, 
which required a parallel development in the art of tem- 
perature, pressure, and airflow measurement, the 
effect of combustion-chamber inlet-air temperature, 
pressure, and velocity on the combustion efficiency have 
been established for combustion chambers of current 
design. The combustion efficiency is taken as the ratio 
of the increase in total temperature actually obtained 
across the combustion chamber to that which could be 
realized if all the fuel were completely burned. Fig. 45 
shows the characteristic improvement in combustion 
efficiency obtained by raising the inlet-air temperature. 
The rate of increase of combustion efficiency with inlet 
air temperature is marked at the low inlet-air tempera 
tures. The temperature beyond which further tem 
perature increase will not change the combustion 
efficiency materially will vary according to the condi 
tions of operation and the combustion-chamber con 
figuration. The increase in the rate of fuel vaporiza 
tion, the reduction in the temperature rise required to 
bring the fuel-air mixture to the ignition temperature, 
and the acceleration of preflame oxidation reactions 
that reduce the ignition time lag when the ignition tem- 
perature is reached are probably the principal effects 
that provide the benefits to be obtained from high in- 
let-air temperatures. 


to 
ou 


PROPULSION SYSTEMS 


The increase in combustion efficiency with increasing 
inlet-air pressure shown in Fig. 46 is typical of the 
results obtained with all types of combustion chambers. 
Because the rate of chemical reactions increases with 
the concentration of the reactants, the improvement in 
the combustion process with increasing inlet-air pres- 
sure is consistent with the classical ideas on reaction 
rates. If a combustion chamber is operating on the 
sloping portion of either or both the combustion effi- 
ciency-temperature and combustion efficiency-pressure 
curves, the reduced air temperatures and pressures en- 
countered in altitude flight can be expected to give 
lowered combustion efficiency. An altitude flight 
ceiling is reached above which the combustion chamber 
fails to provide combustion gas at the turbine-inlet 
temperature required to operate the engine. 

The reduction in combustion efficiency with increas- 
ing combustion-chamber inlet-air velocity shown in 
Fig. 47 is largely due to the decreased time a given 
mass of combustible mixture remains in the combustion 
zone to complete its burning. At low inlet-air veloci- 
ties there is sufficient time for the combustion to be 
completed before the addition of secondary air in the 
turbojet combustion chamber stops further reaction or 
the exit of the ram jet is reached. A nominal increase 
in velocity at low inlet-air velocities will not adversely 
affect the combustion efliciency, as shown by the flat 
portion of the curve. 

Whereas the rate of propagation of flames normal to 
the flame front in quiescent stoichiometric fuel vapor- 
air mixtures is of the order of several feet per second, 
average gas velocities of the order of 250 ft. per sec. 
through the combustion chamber are common practice 
in turbojets and ram jets. The high-velocity combus- 
tion is achieved in the turbojet by providing a combus- 
tion zone at the upstream end of the combustion- 
chamber liner in which the air velocity is low when the 
average air velocity through the combustion chamber is 
about 250 ft. per sec. A high degree of turbulence is 
induced in the combustion air to increase the interface 
between zones rich in fuel and zones rich in oxygen, as 
shown schematically in Fig. 48. A rapid mixing by 
diffusion of the fuel and oxygen molecules occurs, and 
an effective flame front many times the area of cross 
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Fic. 48. Extension of interface by turbulence. 
section of the combustion zone is produced. With a 
high ratio of flame-front area to combustion volume, an 
extremely short displacement of the flame front normal 
to itself is required to consume the fuel. This concept 
has recently been given analytical treatment by Wohl- 
enberg.*? 

In the ram jet all the air is used in the combustion 
and the actual velocity of the burning mixture is of the 
order of 250 ft. per sec. Turbulence is induced in the 
main flow by the structure of the flame holder, which 
has the additional function of providing small zones of 
low velocity adjacent to its downstream face in which 
combustion can proceed under favorable conditions and 
serve as sources of ignition for the oncoming main com- 
bustible mixture. 

The study of the effect of flame-holder design on the 
combustion-chamber performance has provided a guide 
for improving the effectiveness of these components, 
but the reason for the large differences in effectiveness 
produced by small changes in the flame-holder con- 
figuration remains unexplained in most instances. 

The evaluation of effect of fuel-air ratio on the per- 
formance of the combustion chamber is often obscured 
by the change in the characteristics of the fuel spray 
with the changing fuel-flow rate necessary to vary the 
fuel-air ratio. The accumulated experimental evidence, 
however, supports the following theory: Combustion 
proceeds most rapidly in stoichiometric mixtures of 
vaporized fuel and air. If instantaneous vaporization 
of fuel and intimate mixing with air can be achieved, 
then improvement in combustion efficiency should be 
obtained as the fuel-air ratio is moved toward the 
stoichiometric value. However, stratification of the 
fuel and the air is unavoidable and is often the principal 
factor controlling the combustion process. At low 
fuel-air ratios, a rapid fuel vaporization in a limited 
portion of the air flow is desirable to provide a local 
zone where near-stoichiometric mixtures can be estab- 
lished. A nozzle that provides a fine fuel spray with a 
small degree of penetration should therefore serve best 
at low fuel-air ratios. As the fuel flow is increased with 
constant air mass flow, overenrichment of these local 
zones would result with the same fuel nozzle. Better 
results are obtained with a fuel nozzle that provides a 
coarser fuel spray with greater penetration range in 
order to involve a larger portion of the air with the fuel 
and to maintain the local optimum fuel-air ratio. Ex- 
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perimental verification of this reasoning is shown in 
Fig. 49. As the fuel-air ratio is progressively increased, 
the combustion is served best by coarser and coarser 
fuel sprays. 

In the ram jet, peak combustion efficiencies generally 
occur at fuel-air ratios less than stoichiometric. This 
shift in peak combustion efficiency to fuel-air ratios 
leaner than stoichiometric is attributed to fuel strati- 
fication. With overall fuel-air ratios close to stoichio- 
metric, fuel stratification will give overrich zones in 
which the excess fuel cannot burn regardless of how 
favorable the conditions for combustion may otherwise 
be. Research leading to the development of methods 
for reducing the degree of fuel stratification may pro- 
vide an increase from 10 to 20 per cent in the tempera- 
ture rise across the ram-jet combustion chamber. 

The use of preheated fuel to promote vaporization in 
the ram jet produced in one experiment a significant 
improvement in combustion efficiency, as shown in 
Fig. 50 where an average gain in combustion efficiency of 
approximately 10 per cent was obtained with preheated 
fuel as compared with unheated fuel. The handling of 
preheated fuel involves design problems in the fuel 
system that may be subject to vapor lock and choking 


by carbon deposition from the heated fuel. Fuel pre- 
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Fic. 49. Effect of fuel nozzle size on turbojet combustion- 
chamber performance. 
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RESEARCH ON AIRCRAFT PROPULSION SYSTEMS 


heating has not been widely practiced in current com- 
bustion chambers because of the complexity of the fuel 
system required to give good distribution and mixing 
of the fuel and the air and because of the difficulties in 
abstracting heat from the combustion space to warm the 
fuel. 

Early combustion-chamber studies conducted under 
sea-level conditions indicated that, except for carbon 
deposition, there is little difference in the performance 
to be obtained from common hydrocarbons covering a 
reasonably wide range of chemical composition and 
distillation characteristics. However, when the com- 
bustione process was studied under simulated high- 
altitude flight conditions, where operation of the com- 
bustion chamber becomes marginal, the need for a 
stricter specification of the chemical properties of the 
fuel became evident. For example, straight-chain 
paraflin hydrocarbons give better combustion eflicien- 
cies than their corresponding branch-chain isomers. 
The order of the difference the fuel composition can 
make in combustion efficiency is shown in Fig. 51 for 
the straight-chain normal octane and its branch isomer, 
isooctane, both of which have about the same boiling 
point. An advantage of almost 20 per cent in the com- 
bustion efficiency is shown for the normal octane over 
isooctane at the higher air mass flows. Also, the 
straight-chain hydrocarbons are to be preferred for 
their tendency toward low carbon deposition. The 
differences in performance of the fuels based on their 
distillation characteristics and other physical proper- 
ties can be eliminated to a considerable extent by the 
proper matching of the fuel-injection system to the fuel. 
Fuels for use in current high-speed aircraft in which the 
storage volume is limited require the further specifica- 
tion that the fuel shall have a high heat of combustion 
per unit volume. Where weight and not volume is the 
critical factor, the heat of combustion per unit mass of 
fuel must be large. The search for fuels that meet these 
requirements has led to the consideration of uncon- 
ventional fuels and the attendant problems of manu- 
facture and availability. 

The strictly aerodynamic problem of providing 
efficient diffusion of the air flowing from the compressor 
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Fic. 51. Effect of fuel composition on combustion efficiency. 
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Fic. 52. Effect of method of introducing dilution air on turbine- 
inlet temperature distribution. 


to the combustion chamber has only recently received 
adequate attention. A satisfactory solution to this 
problem must also provide for the uniform distribution 
of air over the combustion-chamber liner to cool ade- 
quately all sections of the liner and thereby reduce the 
incidence of failure by local overheating. 

3ecause the combustion-chamber-exit gas tempera- 
ture has been limited by the strength of the turbine 
blades at elevated temperatures, an immediate gain in 
permissible exit gas temperature can be made by pro- 
viding a turbine-inlet gas temperature profile that is 
matched to the strength-stress characteristics of the 
rotating turbine blades. A comparison of an undesir- 
able radial temperature distribution with that desired 
from considerations of turbine life shown in Fig. 52 in- 
dicates that a greater degree of cooling of the central 
portion of the combustion gases must be provided, This 
effect has been obtained experimentally by improving 
the penetration of the dilution air near the exit of the 
combustion chamber. An increase in the size of the 
dilution-air passage through the combustion liner has 
provided a marked improvement in dilution-air pene- 
tration. 

Little information has been obtained concerning the 
actual mechanism of flame instability and blowout. 
Flames generally become unstable after the peak com- 
bustion-chamber temperature rise has been exceeded, 
and further increases in fuel flow then lower the turbine- 
inlet temperature. Experimentally it has been shown 
that values of possible peak temperature rise decrease 
with decreasing combustion-chamber-inlet air tempera- 
ture and pressure, so the problem of flame instability 
and blowout is aggravated at altitude. The experi- 
mental evidence is consistent with the following hy- 
pothesis concerning the mechanism of blowout. In each 
combustion chamber a section of the combustion zone 
is arranged to provide conditions favorable to stable 
combustion. These zones of good combustion are the 
fixed sources of ignition for the rest of the combustion 
space. They are generally located at sheltered areas 
adjacent to the downstream face of the ram-jet flame 
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Fic. 53. Tailpipe burner installation. 


holder or at the upstream end of the turbojet combus- 
tion-chamber liner. Blowout probably occurs when a 
shift from the normal configuration of the flow or the 
generation in these zones of effective fuel vapor-air 
ratios that are too lean or too rich destroys the favorable 
environment for good combustion. The effect of over- 
enrichment of these critical zones on the incidence of 
unstable combustion and blowout was demonstrated in 
the following experiment with a ram-jet combustion 
chamber. Stable combustion was obtained with low 
overall fuel-air ratios when all the fuel was injected 
directly into the space immediately downstream of the 
flame holder. As the overall fuel-air ratio was raised 
toward stoichiometric, the normal improvement in 
combustion did not occur, but flame instability occurred 
followed by blowout. Stable operation was restored 
well beyond the previous blowout fuel-air ratio by 
splitting the fuel flow between the nozzles at the flame 
holder and the nozzles upstream of the flame holder. 
In this way overenrichment of the sheltered zone im- 
mediately downstream of the flame holder was avoided 
and stable combustion maintained. Motion pictures 
were taken at the onset of unstable combustion in a 
similar arrangement. The pulsating character of the 
flow under marginal combustion conditions was seen to 
be marked. 

Parallel with the direct experimental approach to the 
problem of improving jet-engine combustion by study- 
ing the combustion in actual chambers has been the 
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Combustion in tailpipe burner with high inlet tempera- 
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detailed basic study of the separate mechanisms in- 
volved in the complete combustion process. These 
studies include the theoretical and experimental investi- 
gations of the mechanism and the kinetics of fuel oxida- 
tion, ignition of explosive mixtures, mixing of dissimilar 
gas streams, fuel-spray droplet-size determination, fuel- 
vaporization rate process, and flame-propagation rates 
in quiescent and flowing combustible mixtures. The 
successful completion of these studies will provide 
theoretical and engineering bases for further improve- 
ment in the jet-engine combustion chambers which can 
be gained only with great effort by our present empirical 
experimental methods. . 


Studies of the turbine ram jet, in which a ram-jet 
burner (Fig. 53) is connected behind the turbine of a jet 
engine to augment the turbojet thrust, have shown that 
fuel-air mixtures may be burned efficiently over wide 
mixture ratios and at velocities of 400 and 500 ft. per sec. 
if the inlet temperature and pressure are sufficiently high. 
In the current applications of the tailpipe burner to 
the turbine ram-jet engine, the burner-inlet temperature 
is about 1,600°R., and the inlet pressure varies from 2 to 
'/, atmosphere as a function of the flight altitude. 
Typical results obtained at a burner-inlet temperature 
of 1,600°R. (Fig. 54) show that the combustion effi- 
ciencies at burner-inlet velocities of 415 and 500 ft. per 
sec. are comparable at burner-inlet pressures of about 
15 Ibs. per sq.in.; however, the combustion efficiency 
decreases below a useful value at an inlet velocity of 
500 ft. per sec. if the burner-inlet pressure is decreased 
to 4 Ibs. per sq.in. The promising results obtained with 
tailpipe burners operating at high combustion intensi- 
ties with high inlet velocities offer the greatest hope, at 
present, of attaining the high combustion intensities 
and temperatures desired for the high-pressure turbine- 
engine cycle. The higher compression ratios will pro 
vide combustion-chamber-inlet air pressures and tem- 
peratures, which the experiments discussed have shown 
to be beneficial in promoting satisfactory combustion. 
There is some experimental evidence, however, to show 
that an increase in flame length can be expected at the 
elevated pressures, which may require combustion 
chambers of greater length. The larger loss in total 
pressure which can be tolerated at the higher com- 
pression ratios will permit the use of devices for stabi- 
lizing and promoting combustion which will help to 
solve the problems involving the greater flame length 
and higher airflow velocities in the combustion chamber. 
When combustion at fuel-air ratios approaching stoich- 
iometric are permissible in turbojet engines, the space in 
the combustion chamber now devoted to dilution and 
quenching of the flame will be available for combustion, 
and an increase in effective volume of the combustion 
chamber will be achieved for the same size chamber. 
The higher average temperatures that will prevail can 
be expected to be beneficial as well. It therefore 
appears that increasing the compression ratio and the 
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turbine-inlet gas temperature may not raise too many 
important difficulties from the standpoint of the com- 
bustion process and may well solve some of the prob- 
lems currently causing difficulty. 


HEAT-RESISTANT MATERIALS 


One of the most difficult problems introduced by in- 
creasing the cycle temperatures of gas-turbine engines 
is the development of heat-resistant materials with 
adequate physical properties. The difficulties of the 
problem are increased by the restriction that the com- 
position should not include large amounts of so-called 
“strategic’’ materials such as cobalt and columbium, 
which are not available in sufficient quantities for 
emergency use. It is not required, however, that the 
materials operate at the maximum cycle temperatures of 
3,000° and 4,000°R., because cooling will be employed 
on all surfaces of the turbine, the combustion chamber, 
and the tailpipe which are exposed to the hot gases. 
Specifications of design values of the temperatures to 
which the materials will be subjected depend on prog- 
ress made in cooling research. The losses in cycle 
efficiency from cooling and the weight of the engine 
cooling system will be decreased in proportion with the 
increase in safe operating temperatures for heat-resist- 
ant materials. The rewards to be gained by research on 
materials to withstand the maximum cycle tempera- 
tures are therefore not diminished. 

Special material problems exist for each of the engine 
components exposed to the high-temperature gases. 
The most difficult problems are those of the turbine- 
rotor blades, which are subjected to centrifugal force, 
thermal gradients, vibration, and oxidation. The 
turbine-stator blades operate at somewhat higher tem- 
peratures and thermal gradients but are not highly 
stressed by the gas bending loads. The turbine discs 
are subjected to centrifugal stresses and high thermal 
stresses arising from the temperature gradient between 
the hot periphery of the disc and the relatively cool 
center. The sheet-metal liners of the combustion 
chamber are not highly stressed but are subject to local 
failure due to nonuniform combustion and maldistribu- 
tion of the cooling air to the liner. Heat-resistant 
materials that are capable of being forged, cast, rolled, 
and drawn are needed for these different applications. 

Active scientific work on heat-resistant materials has 
been in progress for only a relatively few years, and 
outstanding progress has been made. The first of the 
super alloys that are used for turbine blades in modern 
jet engines in this country was patented in 1934, and the 
material was applied in dentures. During World War 
II, intensive researches were devoted to the develop- 
ment of metal alloys in programs supported by Govern- 
ment agencies and industry. New alloys with superior 
physical properties at metal temperatures of 1,500°F. 
were developed and are now coming into use. The re- 
sults of 100-hour stress-rupture tests by Freeman and 
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Fic. 55. 100-hour rupture strength of super alloys. 


Cross** on two of the better alloys that were developed 
are shown in Fig. 55. The composition of the materials 
is included in the chart. The casting alloy X-40 and 
the forging alloy S-816 are compounds of similar metals, 
principally cobalt, chromium, and nickel. These alloys 
are adequate for use at metal temperatures of 1,500°F. 
both from the standpoint of stress at rupture and creep, 
alloy X-40 being slightly superior. The decrease in 
physical properties with increasing temperature limits 
the application of these alloys in engines in which the 
metal temperatures are much above 1,500°F. A 
limitation to the use of the materials at higher tempera- 
tures is excessive deformation under load, a property 
that is given little attention in the consideration of 
materials for use at lower temperatures. 

The rate of development of materials for operation at 
metal temperatures above 1,500°F. will depend directly 
on the effort that is expended on materials research in 
the next few years. A chart (Fig. 56), prepared by 
John H. Collins, Jr., of the N.A.C.A. Lewis Laboratory, 
shows the chronology of past developments in heat- 
resistant materials with an extrapolation to indicate 
what may be possible in the future. Increases in high- 
temperature performance of materials are to be ac- 
hieved by the development of (1) metal alloys of new 
base materials, such as chromium, tungsten, or molyb- 
denum; (2) combinations of metals with oxides, 
borides, nitrides, or carbides by pressing and sintering 
process to form ceramals; and (3) ceramics. 

In the first category, progress has already been made 
in the research laboratory in the development of 
chromium-base alloys*‘ that may be useful at metal 
temperatures of 1,600°F. The ductility of these alloys 
is low at room temperature, and their resistance to 
shock is less than that of the cobalt-base alloys. It is 
expected that metal alloys may be developed in the next 
few years for use at 1,800°F., but the effort involved 
may be enormous. The stringent requirements the 
materials must meet to be satisfactory in both the 
manufacturing process and in the operating engine, 
combined with the lack of a fundamental understanding 
of why the good alloys are good and the bad ones are 
bad, prevent rapid progress. 
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Research on ceramals may result in a more fruitful 
and rapid development of refractory materials than 
work on the pure metals. Intimate combinations of 
ceramics and metals are found in some cases to produce 
a bonded material that is much superior at elevated 
temperatures than either of its components. For ex- 
ample, a combination of titanium carbide and cobalt is 
stronger at high temperatures than either the pure car- 
bide or cobalt. The carbide-base materials are inher- 
ently desirable because their high thermal conductivi- 
ties render them resistant to thermal shock and enable 
them to transfer heat to the turbine wheel so rapidly 
that a carbide-ceramal blade has run cooler for a given 
gas metal-alloy 
blade on the same disc. 
are also desirable for blades that are to be cooled, be- 
cause the heat in the blade trailing edge, in which region 
cooling passages are difficult to construct, can be con- 
ducted to the center of the blade. The poor oxidation 
resistance of the carbide ceramals has turned some 
attention to the use of oxides in combination with 
One important characteristic of ceramals is 


heat-resistant 
High thermal conductivities 


temperature than a 


metals. 
their low specific gravity, which enables turbine-blade 
weight to be reduced from about one-half to two-thirds 
of that of a comparable metal-alloy blade. Ceramal 
blades, although not commercially used, have in the 
laboratory shown highly competitive properties in com- 
parisons with metal-alloy blades. 

Pure ceramics have been considered both for turbine- 
blade materials and for coatings on refractory metals. 
Combinations of ceramics have already been studied for 
use at temperatures slightly above the current operating 
temperatures of the metal alloys. The ceramics pos- 
sess good strength and resistance to deformation at 
elevated temperatures, but they are brittle. The oxides 
are subject to thermal cracking, and the carbides, 
nitrides, and borides are not very resistant to oxidation. 
The brittleness of a ceramic is usually disastrous if the 
material undergoes a phase transformation with change 
in temperature, because such transformations are 
usually accompanied by volume changes that crack the 
brittle X-ray diffraction techniques and 


dilatometric out 


materials. 


measurements are used to screen 


1949 


ceramics in which phase transformations occur with 
temperature change. 

Ceramic coatings for metals are being studied ex- 
tensively by numerous agencies, and they offer consider- 
able promises for inhibiting stress corrosion and pro- 
viding thermal insulation. A special problem in the 
development of ceramic coatings is the necessity for 
fitting the ceramic composition to the metal—that is, 
creating a ceramic composition with a coefficient of 
thermal expansion not greatly different from that of the 
metal. Researchers at the Bureau of Standards have 
developed several interesting ceramic coatings. 

Unless a serious effort is made to expand on a broad 
scale the researches on heat-resistant materials, the lack 
of them may be the barrier over which the whole pro- 
gram to develop engines of higher performance may 
stumble. The research effort now being expended is 
relatively small, and there exists no large background of 
previous experience upon which to draw. The theoreti- 
cal understanding of what happens when materials are 
alloyed is largely limited to prediction regarding ele- 
mentary binary combinations. Much of the excellent 
work that has recently been done has been of a cut-and- 
try nature based on accumulated experience, but the 
infinity of combinations. possible and the inherent com- 
plexities of the problem weigh against rapid progress by 
this method. The physical understanding of the prob- 
lem must be strengthened by a large-scale experimental 
effort, which may provide the basis for establishment of 
a sound theoretical treatment. 


SUMMARY 


In the argument that has been developed, evidence 
has been offered to show that future increases in pro- 
pulsion-system performance may be brought about by 
the development of: 

(1) Turbine-propeller engines with high cycle pres- 
sures and temperatures for aircraft application at 
speeds up to 500 m.p.h. and perhaps somewhat above. 

(2) Turbojet engines with high cycle pressures for 
aircraft application at speeds up to, and perhaps in, 
the transonic speed range. 

(3) Turbojet engines with high cycle temperatures 
for aircraft application at transonic speeds and at 
supersonic speeds up to, and perhaps somewhat above, 
1,500 m.p.h. 

These objectives will be accomplished only by a well- 
oriented research and development program, of which a 
small part has been briefly surveyed. 

It is of interest to present calculated values of the 
relative ultimate range that may be flown at different 
speeds if the goals outlined are accomplished (Fig. 57 
The curve shown is an envelope of range performance 
for optimum combinations of optimum engines and 
aircraft flying at optimum air speeds and altitudes. At 
the lower speeds the envelope was formed by tangents 
to the performance curves of aircraft with propeller 
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engines, Whereas tangents to jet-aircraft performance 
curves formed the knee and the remainder of the 
curve. 

The results shown were obtained by lengthy and 
tedious calculations on a near infinity of combinations, 
but the results are, of course, no better than the many 
questionable assumptions that were introduced into the 
calculations. No defense of the values shown will be 
offered, and the questionable nature of particular values 
is shown by the hazy shading of the curve. 

The curve does accurately disclose that the ultimate 
range is sharply reduced as the aircraft speed is in- 
creased up through the transonic-speed region, after 
which the range decreases at a slower rate. Large in- 
creases in propulsion-system performance above those 
assumed in preparing the chart are not too likely for 
engines burning either conventional petroleum fuels or 
special fuels. Further increases in range in high-speed 
flight will therefore depend on new aerodynamic de- 
velopments that will reduce the aircraft skin friction 
and wave drag or upon the successful development of a 
nuclear-energy power plant with a sufficiently high 
value of the weight parameter F/IV, to make it useful 
for high-speed propulsion. 

Grateful acknowledgment is made of the many who 
have aided the author in the preparation of the lecture. 
Special mention is made of Messrs. Irving Pinkel, 
Reece V. Hensley, Alfred R. Bobrowsky, Robert O. 
Bullock, Herman H. Ellerbrock, Jr., and Drs. S. Katz- 
off, Walter T. Olson, and Louis C. Gibbons. I am also 
grateful to the members of the staff who assisted in the 
preparation of the manuscript under the direction of 
Miss Marion Crotser. It is appropriate also that 
tribute should be paid to our late leader Dr. George W. 
Lewis, who was responsible for initiating many of the 
developments in the field of propulsion and whose in- 
fluence will be felt for many years through the medium 
of those who were instructed under his kind and schol- 
arly tutelage. 
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Discussions ot the Lecture 


R. M. Hazen, Director of Engineering, Allison 
Division, General Motors Corporation: Mr. Silver- 
stein is to be congratulated on his presentation of the 
searching study of the more important and productive 
fields for research on aircraft propulsion systems. 
He has used the true aeronautical perspective by view- 
ing his aerial photographs of the forest and carefully 
spotting the more promising stands of timber in the 
large unexplored area that represents aircraft propul- 
sion today. One suspects he must also be a helicopter 
addict, since on occasion he has dropped down near 
earth and given us a glimpse of the excellent fruits in 
some of the individual trees. 

In view of the major advantages presented by high 
operating temperatures in practically all types of 
power plants, one might wish that materials research 
‘impervium”’ 


‘ 


promised some overnight discovery of 
or its equal. However, it appears factual to expect a 
slow and tedious development of the super metals and 
the practical adaptation of ceramals, oxides, etc., as 
indicated by the temperature vs. time curve presented. 
This emphasizes the need for maximum research in- 
formation on the best and most economical means of 
cooling the materials that we now have, not only in 
the turbine buckets but wherever high temperatures 
are encountered. It is perhaps important to note 
that, in current turbojet engines, improved cooling and 
uniformity have reached the point where serious con- 
sideration is being given to reduction of alloy content 
on such important items as combustion liners, whereas 
only a short time ago these were among the shortest- 
lived parts. The bucket cooling means indicated by 
Mr. Silverstein are interesting and reflect immediately 
the years of experience and research on air- and liquid- 


cooled reciprocating engines. 


Industry's problems in development and materials 
research have been largely centered around obtaining 
uniformity in the end products using materials on 
hand. In the case of large pieces, this has required de- 
velopment of processing and inspection methods ex- 
tending back to the original materials and ingots. 
Not nearly enough is known on many special current 
alloys of means for relief of internal stresses set up in 
fabrication, of growth and degrowth set up in engine 
operation by temperature differentials, of internal 
damping characteristics, of the cumulative effect of 
rather stringent and repeated heating and cooling 
cycles, of temporary overtemperatures due to ac 
celeration or starting or control variables, and of the 
effect of the many possible fabrication variables on all 
of these items. 

In the early stages of turbine development, engi 
neers were prone to assume that with no reciprocating 
parts, such as pistons and valves, most of the vibratory 
exciting forces were eliminated and that vibration 
problems would be greatly simplified. It has been 
found that moving air has a most annoying way of 
exciting vibration over a wide range of frequencies, 
whether due to turbulence, to a finite number of blades 
or buckets, or to some of the instabilities of combus 
tion, whether temporary or transient. This involves 
some new or modified instrumentation and attention 
to all of the sheet-metal parts and even to the walls of 
magnesium castings. Because of the extremely high 
resonant frequencies often involved in, and even 
above, the audible range, early failures from vibration 
On the other hand, 
where turbulence or transient combustion sets up the 


of this type are encountered. 


excitation, this may be elusive because of the tempo- 
rary nature of the excitation, and long-term failures 
can result, particularly if the excitation results from 
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aircraft maneuvers and variables at the inlet or exit of 
the turbine. 

With the simplest type of turbine, the turbojet, 
averaging a rating increase of almost 20 per cent per 
year compared to past experience of 5 or 6 per cent 
on reciprocating engines, it is obvious that research 
results are being applied rapidly and that a high rate 
of research is essential for the future. Any one of us 
who is, one might say, immersed in power-plant prob- 
lems could sit down in 2 or 3 hours and write down a 
program of research that would keep this country’s 
facilities on propulsion problems busy for a year. It is 
therefore essential that a broad analysis of the research 
problems be made and that this analysis be constantly 
studied and revised and the most essential elements re- 
surveyed, as has been so ably pointed out by Mr. 
Silverstein, if the country’s research on propulsion 
systems is to have the greatest value with limited 
facilities, funds, and personnel. 


O. E. Rodgers, Manager of Development and Re- 
search Engineering, Aviation Gas Turbine Division, 
Westinghouse Electric Corporation: First, I should 
like to compliment Mr. Silverstein for his excellent 
presentation. He has done an exceptional job of 
surveying a vast field of engineering endeavor, culling 
out important topics, and presenting them here in in- 
formative style, together with the clear statement of 
some principal challenges that face us today in de- 
veloping gas-turbine power plants. 

It seems to me that Mr. Silverstein’s emphasis 
throughout his talk on work on fundamentals is timely 
indeed. With the exception of the combustion field, 
the current gas turbines in use today are based on 
fundamental knowledge that was borrowed from work 
done in connection with other apparatus—the steam 
turbine and airplane wing aerodynamics being ex- 
amples. Because of the rapidity of acceptance of 
these new engines and the resulting great emphasis 
necessary on apparatus development, work within in- 
dustry to improve our knowledge of the engineering 
fundamentals underlying our designs has lagged be- 
hind the need. 

Too many of the design choices made to arrive at 
proper compromises must now be made by partly 
intuitive processes because of the absence of enough 
fundamental information to permit completely ra- 
tional thinking. I certainly echo Mr. Silverstein’s 
implied desire to emphasize fundamental work. 

I should like to make a comment in connection with 
the stated need to increase compressor pressure ratios. 
While it is true that current gas turbines do not 
operate at high enough pressure ratios to utilize fully 
the compressor efficiencies presently attainable, the 
effect of changes in stage efficiency becomes more pro- 
nounced at high pressure ratios. Work to track down 
the sources of inefficiency in a compressor is not nearly 
so glamorous or so interesting as work to increase the 
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pressure ratio per stage or to develop a supersonic 
compressor, but this very work can be regarded as 
creating the building blocks that are used in any com- 
pressor development, regardless of the type of design. 
Secondary flow in blade rows, wall boundary layers 
and how to reduce their effects, leakage, and other 
allied problems are all common to any type of compres- 
sor and therefore deserve special emphasis. 

There has been much discussion in recent years of 
the need for large facilities for research and develop 
ment in this field. An important fact for us all to 
realize is that this fundamental work that is so badly 
needed does not require elaborate or large facilities for 
its prosecution. Instead, the need is for more simple 
experimental setups, for more independent thinking, 
and for cross-fertilization of ideas among groups of 
separate workers at university centers, as well as at 
N.A.C.A. and manufacturers’ plants. It is my feeling 
that Mr. Silverstein’s organization has two contribu- 
tions to make in this way. The first is, of course, the 
fundamental work that can be carried on within the 
N.A.C.A. laboratories. The second, and just as im- 
portant, is the promotion of fundamental work in 
university centers and the dissemination of information 
on experimental techniques and instrumentation to 
permit more rapid independent thinking and quicker 
results. 

Perhaps I, being solely concerned with gas-turbine 
development, should be the one to comment on the 
absence in Mr. Silverstein’s list of any items having to 
do with reciprocating engines except those that could 
also apply to compound engines. In a sense, this is 
surprising, since all airplane application studies point 
to the place of the reciprocating engine as the best en- 
gine for airplanes having maximum speeds under say 
350 m.p.h. Under this speed, reciprocating-engine- 
powered airplanes have longer ranges and fly more 
economically than those with any other power plant. 
Airplanes of this type would serve all the needs of a 
world at peace comfortably. The last figure of the 
paper indicates the price in range that is paid for speed 
increases—as you remember the range at Mach Num- 
ber 1 is only one-third of that achieved at moderate 
speeds. The desire for speed would not be so pressing 
if we livedin a more rational world, and if this were the 
case, Mr. Silverstein’s paper would not have excluded 
reciprocating engine problems. 


E. S. Taylor, Professor of Aircraft Engines, 
Massachussetts Institute of Technology: I should like 
to add my congratulations to Mr. Silverstein to those 
of Mr. Hazen and Mr. Rodgers for the excellent 
presentation he has given us on ‘“‘Research in Aircraft 
Propulsion Systems.’’ The thoroughness and com- 
pleteness of the lecture is a reflection of the wide scope 
of the activities of the National Advisory Committee 


for Aeronautics. 
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That the development of aircraft power plants re- 
ceives benefits from research of this nature is so 
obvious as hardly to need comment. However, in 
order to produce the maximum benefit it is necessary 
that research be well in advance of development. To 
secure such a lead, in view of the rapid advance in de- 
velopment, is indeed difficult. At the present time, 
development is pressing so closely at the heels of re- 
search that often problems arising in development are 
forced back into research organizations. While to a 
certain extent this procedure is neither avoidable nor 
altogether undesirable, it makes it even more difficult 
to keep the necessary lead in the research program and 
to continue to supply the needed information in time, 
so that development can proceed rapidly and without 
an undue number of false moves. 

The details of power plants are subjected to rapid 
change, while the general principles remain with us 
always. It is only in problems dealing with general 
principles that the research program can hope to get 
far enough ahead so that development can derive the 
maximum benefit. It is often difficult to convince 
people in authority that general research in an effort 
to understand a problem often gives results of a value 
entirely incommensurate with the expenditures in- 
volved. To cite a specific case of such benefits, the 
work at the Langley Aeronautical Laboratory of the 
N.A.C.A. on boundary layer, which was done with 
simple and inexpensive apparatus, led to the develop- 
ment of the drag airfoil. It has often been said that a 
problem stated is a problem half solved. Certainly a 
problem understood is a problem well on the way 
toward solution 

I should like to put in a plea for a high priority for 
research projects having as their objective an under- 
standing of the mechanisms and processes involved. 

To revert to the subject of boundary layer, Mr- 
Silverstein states that ‘flow disruption resulting from 
fluid viscosity is of first order in magnitude and poorly 
understood.’’ Does not this statement point to the 
importance of work to get a better understanding of 
the phenomenon? 

Our understanding of the nature of the combustion 
process, while improving, is far from complete. We 
do not even understand the nature or importance of 
either the physical or the chemical mechanisms in- 
volved. Since combustion is likely to be a problem for 
some time to come, research to explain the process is 
important. I have selected only two examples. There 
are many others. 

In order to understand problems such as these, it is 
usually necessary to break them down into simpler 
problems that can be solved more easily. The re- 
sulting apparatus is likely to bear little resemblance 
to anything on an airplaue and to excite the suspicion 
of important people that the research workers are in- 
dulging in boondoggling. Such people are also likely 


to be impatient for results that can be applied im- 
mediately. Such criticism misses the point, which is— 
can improvement be made more rapidly by applying 
more power in this way or by applying the same 
amount of effort in some other way? 

I firmly believe that a reasonable amount of effort 
directed toward a better understanding of general 
principles is essential to rapid progress in the art of air- 
craft power plants. 


E. S. Thompson, Manager of Sales, Aircraft Gas 
Turbine Division, General Electric Company: The 
Aircraft Gas Turbine Division of the General Electric 
Company is honored by being asked to participate in 
this memorial program for the Wright Brothers. As 
the representative of the Division, I am particularly 
honored in being asked to comment on this lecture, so 
ably prepared and presented by Abe Silverstein, of the 
National Advisory Committee for Aeronautics. 

This comprehensive paper outlines the gains in per- 
formance that may be expected if basic research and 
development can achieve higher values of pressure 
ratio, operating temperature, compressor and turbine 
efficiencies, airflow per unit of frontal area, and thrust 
per unit of engine weight. A comparative power-plant 
analysis is difficult to accomplish to the satisfaction of 
everyone because of the great number of interde- 
pendent variables of not only the engine but of the 
flight conditions and patterns and the aircraft charac- 
teristics. Agreement upon basic assumptions is neces- 
sary at the outset before agreement can be expected 
upon the overall analysis. However, even with such 
limitations, generalized results can be determined 
which are most useful in pointing the way to the most 
important fields of research endeavor. 

3eing closely allied with industry and therefore in- 
terested in the commercial aspects of the aircraft 
business, I may be excused if I suggest that one ad- 
ditional parameter should be used in the analysis and 
that is the all-important one of cost per ton-mile as a 
function of air speed. The economical significance of 
research decisions should not be overlooked. 

I should also like to emphasize that the compound 
engine is capable of performance growth and that such 
factors as increasing the pressure level of the re- 
ciprocating engine have major effects on the thrust per 
pound output. An increase of 100 per cent or more in 
this factor is not further off than 3,000°R. gas-turbine 
temperatures. 

I believe that a few significant comments under each 
of Mr. Silverstein’s four major headings will be in 
order. 

Compressors —The author recognizes that there 
will be some difficulty in going to pressure ratios of 20 
to 30 with a single compressor. I should like to add 
that the output of a gas turbine using such high pres- 
sure ratios will be extremely sensitive to the turbine 
and compressor efficiencies so that with practical pro- 
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duction techniques undesirable variations in output 
can be expected. It is believed that dual compressors 
driven independently by their associated turbines will 
be required for cycle pressure ratios above 10 or 12. 

In the past there has been some question as to the 
reliability of low-aspect-ratio cascade tests. Bound- 
ary-layer removal along the walls tends to eliminate 
most of these inaccuracies. The author’s illustrations 
and emphasis of the effect of the progressive shock and 
associated flow separation is to be commended. In 
addition to using the theoretical cascade studies for 
development of airfoil shapes with uniform pressure 
loading, emphasis should also be given to the use of 
these analytical techniques to develop profiles having 
low maximum velocities, thus enabling operation at 
higher approach Mach Number and higher stage 
pressure rise without attendant shock and separation 
losses. It also should be pointed out that theoretical 
cascade studies that indicate the velocity distribution 
over the vane shape surface, particularly on the 
lower pressure side, are also useful, as well as the pres- 
sure distributions for direct observation of higher 
Mach Number regions. In addition to use of the 
mechanical analogy for approximate solution of 
channel flow in connection with the compressible flow 
problem, the method is even more useful for turbine 
cascades where we are working with the incompressible 
flow problem. 

The Stanitz analysis is apparently a good accurate 
solution to the two-dimensional centrifugal compres- 
sor problem. Prediction of stagnation regions formerly 
have been made by high-speed camera observations, 
which involves the use of a differential analyzer or 
step-by-step calculation methods. 

In discussing the boundary-layer problem, it is de- 
sirable to clarify certain distinct differences between 
the isolated airfoil and the compressor. 

The single wing produces a lift force but is not re- 
quired to develop a higher pressure level. The com- 
pressor airfoil must produce a pressure rise with as 
small a force as possible. A laminar boundary layer 
produces a low friction drag but will not support the 
adverse pressure gradient required to make a useful 
diffuser or pressure rise grid. The compressor airfoil 
operates in a fluid stream of high turbulence. Both 
axial and centrifugal compressor boundary layers are 
subject to large centrifugal force effects. So far, this 
field has scarcely been cleared, and a large amount of 
work remains before it is cultivated and made produc- 
tive. 

The supersonic compressor is not really so new as 
some would think, as the old standard centrifugal 
turbosupercharger was one of the earliest forms of a 
supersonic compressor when it was operated at tip 
speeds of about 1,400 ft. per sec. The supercharger is 
of the ‘‘shock-in-stator’’ type of compressor. Gas- 
turbine manufacturers are watching the N.A.C.A. de- 
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velopment of the supersonic compressor with con- 
siderable interest. 

Turbine Cooling.—There is little doubt that the use 
of cooling, with air, liquids, or through the evaporation 
of surface film, will be an extremely important feature 
of future turbine engine designs, particularly those in 
which higher cycle temperatures are selected and those 
in which the use of strategic materials must be avoided. 
It may not be universally recognized, however, that, 
at present, higher operating temperatures would not 
necessarily give improved economy. In the simple 
cycle turbojet engine, for example, the highest 
efficiency at compression ratios now in use occurs with 
turbine inlet temperatures within the operating limits 
of currently available high-temperature materials. As 
the evolution of the turbine engine continues, how- 
ever, with more complicated eycles and higher com- 
pression ratios, the desirability of higher operating 
temperatures will increase. 

Work has been under way for some time relating to 
the cooling of static high-temperature parts such as 
nozzle partitions. Results to date are extremely en- 
couraging, although quantitative data are not yet 
available. To date no serious amount of effort has 
been expended in the manufacture of cooled turbine 
buckets, partially because of the inadequacy of basic 
design information but principally because such pre- 
mium is placed upon efficiency as to render impractical 
the manufacture of cooled turbine buckets without 
considerable additional manufacturing development. 
Sample turbine buckets have been made by a variety 
of processes including precision casting and fabrication, 
and consideration has been given the use of deep-drawn 
buckets. It is expected that this program will soon be 
accelerated, as a result of increased emphasis on the 
reduction in the use of critical materials. 

A corollary to the use of cooling air for the protec- 
tion of high-temperature parts is the use of thermal 
heating for anti-icing of such locations as the com- 
pressor inlet of axial-flow compressors. The extent to 
which thermal heating of the compressor blades is re- 
quired in order to reduce the ice hazard to a reasonable 
minimum is not at present known, although satisfac- 
tory operation is currently being obtained with only 
the inlet guide vanes heated. The problem of manu- 
facturing hollow compressor blades is alleviated to 
some extent by the relatively low temperature of the 
compressor assembly, which permits consideration of 
forming methods and attachment methods not prac- 
tical for the high-temperature parts. 

Since the use of thermal heating of the blades at the 
compressor inlet represents generally a method of 
attack offering a minimum of design and installation 
complexities, it is believed that studies of the heat- 
transfer problem in heating, as well as cooling, should 
receive consideration. 

It is believed that an intensive program of manu- 
facturing development by industry is required and 
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should be expedited to permit use of suitable turbine 


cooling methods as soon as practicable. 


Combustion.—The author sets forth the goal that is 
being sought by those associated with the development 
of turbojet engine combustors. Like all other equip- 
ment that is either mounted in, or made part of, an 
air-borne device, there is a search for the ultimate in 
performance but with an expenditure of little weight 
and minimum allowance for space. 

There is no real measure at the present time as to 
how well the job has been done. Near perfect com- 
bustion efficiencies in the turbojet engine combustion 
chamber within a wide operating range of present-day 
aircraft has been achieved. The temperature dis- 
tribution at the entrance to the diaphragm is within 
several per cent of the mean temperature, with im- 
provements being made by cut-and-try technique. 
Combustion chamber liner life is now in the hundreds 
of hours. This has been achieved by the liberal use of 
both cooling air and a wide variety of chrome-nickel 
alloys. The oft-quoted parameter of heat release per 
unit volume, per unit time, per unit pressure is simply 
a measure of where we have been and is no measure of 
how close to the ultimate we are. 


A comparison of the heat release for combustion 
chambers developed by different laboratories furnishes 
the gage on the degree of success. The fuel-burning 
rate for given combustion systems is constantly being 
increased and in one case as much as 30 per cent. It is 
true that increasing the heat release has introduced 
new problems on liner wall cooling and temperature 
distribution at the outlet of the burner. But experi- 
ence has shown that simple modifications to the exist- 
ing burner was all that was required to solve the prob- 
lems introduced. Increasing the pressure drop across 
the combustion chamber has been the means to in- 
crease turbulence, decrease length of flames, improve 
temperature distribution, and decrease chamber size. 
Of course, only the least pressure drop is desirable, but 
the optimum chamber size commensurate with the 
least pressure drop is only found through continued 
experimentation. 

In most cases only the final end result is noted when 
the effect of combustion chamber conditions like inlet 
temperature, pressure, and velocity are investigated. 
The author shows the results in the figures of his 
paper. But there is considerable work to be done to 
determine why the end results occur as they do and 
what the limiting conditions are. 

Flame holders have been used for some time. The 
results obtained with different shaped flame holders 
come only after extensive experimental work, but why 
there is a difference due to change in shape is not 
fully known. 

When it is appreciated that the author talks about 
propulsion systems that are at their best at high 
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flight speeds, and with present trends indicating stil] 
higher speeds than are now in practice, combustion 
problems that come when operating in the rare atmos- 
puere at altitude should not be serious or perhaps even 
less a problem than at present. The desirability of im- 
proving the specific fuel consumption of the turbojet 
engine calls for designs of higher compression pressure 
ratios. This will improve combustion chamber per- 
formance and operation. 


Heat- Resistant Materials.—-Although it is recognized 
that a tremendous challenge faces metallurgists to de- 
velop heat-resistant materials for the higher tem- 
peratures required in future jet engines, some comfort 
can be had by briefly reviewing the progress that has 
been made in the past. The best available material for 
turbine buckets in 1919 was SAE-6150 having 100 
hours life at 1,500°F. at a stress of 2,000 Ibs. per Sq.in.; 
whereas now S816 for the same conditions has an 
allowable stress of 26,000 Ibs. per sq.in., or an increase 
of permissible stress of 13 times in 30 years. In 1919, 
turbosupercharger wheels were made of SAE-2335 and 
now the widely used Timken alloy has a 1,000-hour 
rupture strength at 1,200°F. of 35,000 Ibs. per sq.in., 
which allows the wheels to be stressed at 17 times the 


load permissible 30 years ago. 


The rapidly accumulating experience on ceramics is 
being followed with great interest by aircraft-engine 
manufacturers. It is interesting to note that ceramic 
C-4811 has nearly four times the 100-hour rupture 
strength at 1,800°F. of the familiar S-816 alloy, when 
due consideration is given to the strength-weight 
ratio. Ceramics of this type must be used, however, 
only when design conditions allow, since ceramics do 
not have the ductility and heat shock resistance that is 
possessed by high-temperature alloys in current use. 

There is a reasonable expectation that ceramic coat 
ings may be used not only to increase the life of 
presently used materials but to allow the use of less 


strategic materials. 


Recently, a turbine wheel using C-4811 turbine 
buckets was run at N.A.C.A. for 40 hours at 1,950°F. 
at 9,000 r.p.m. These buckets were especially de 
signed for ceramics, and great care was necessary in 
preheating and slow cooling after operation. The test 
illustrates progress toward the goal of increasing the 
operational temperature of gas turbines. 


Summary. In closing, I should like again to con 
gratulate the author, Abe Silverstein, on an excellent 
contribution to the literature on gas turbines and to 
assure him that the aircraft-engine manufacturers are 
pleased with the work so far accomplished by the 
N.A.C.A. Industry is backing the N.A.C.A. in ever) 
way possible so that it will be inspired to tackle, 
with renewed vigor, the many research projects so 
vitally concerned with the advancement of the air 
craft gas-turbine art. 
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Experiments on a Laminar Suction Airfoil of 


17 Per Cent Thickness 


W. PFENNINGER?t 
Institute for y lerodynamics, Swiss Federal Institute of Technology 


SUMMARY 


Boundary-layer suction experiments have been carried out 
on a 17 per cent thick laminar airfoil in the 7- by 10-ft. wind 
tunnel of the Institute for Aerodynamics at the Federal Institute 
of Technology, Ziirich. With small suction quantities (cg, — 
(0.0014 to 0.0018), the boundary layer could be kept completely 
laminar on both sides of the airfoil within a considerable range of 
lift coefficients. The profile drag was reduced to one-half: 
Cae = 0.0023 at Re = 2.4 X 108 with suction (including the 


min 
power absorbed for suction) as against Ca q = 0.0048 at Re = 
Mine 


2 < 108 without suction. The range of c;-values with low drag 
coefficients was more than doubled, and an optimum gliding 
ingle of the airfoil Exon. = 1 '200 was obtained. With moder 
ite deflections of a small trailing-edge flap (cry = 0.108c) a favor- 
able envelope of the polars, as well as an optimum gliding angle 
of the airfoil €<9,,, = 1/250, was reached. 


NOTATION 


= wing chord 
= span of central portion of slots 
I he = reference wing area 
= maximum camber of the mean line of the airfoil 


= maximum thickness of the airfoil 


R = nose radius 
( = flap chord 
= minimum slot width 
8; = flap angle, >0 with downward deflection 


Boundary Layer 
Displacement thickness 6* Sei — (u/U)|dy, where 
f velocity at the edge of the boundary layer at the dis- 
tance 6 from the wall 
total boundary-layer thickness 
u velocity in the boundary layer at the distance y from the 
wall 
Momentum thickness 0 F %, u/U)[{1—(u/U)|dy. Momen 
tum thickness infinitely far behind the wing = @ 


Vs» Ubs* 

T vA j . . . . . 

( = ¥V (2/p)qo = undisturbed velocity, with the wing in 
infinite flow 

q = (p/2) Us? = dynamic pressure of undisturbed flow, 
with the wing in infinite flow, go = go — 


total pressure of undisturbed flow in the tunnel, with 
reference to atmospheric pressure 
total pressure in the boundary layer or wake, with 
reference to atmospheric pressure 
p = static pressure at the location of the airfoil under the 
influence of the images, with airfoil itself removed; 
with reference to atmospheric pressure 
° 
Received September 13, 1948. 
* The first results were communicated at the Sixth Interna- 
tional Congress for Applied Mechanics, 1946, Paris, in the dis- 
cussion. 


{ Now with Northrop Aircraft, Inc. 


AU = additional velocity at the location of the airfoil 
produced by the images 

AU y = arithmetic mean value of the additional velocities 
on both tunnel walls, produced by the images and 
the airfoil together, at the position of maximum 
thickness of the airfoil 

Pu = arithmetic mean value of the static pressures on both 
tunnel walls at the position of maximum thick- 
ness of the airfoil, with reference to atmospheric 


pressure 


Af = additional arc camber, produced by the images 
p = static pressure on wing surface, with reference to po 
Pe, = static pressure in the suction chamber of slot 7, 


with reference to po 
Ap, ; = pressure of the suction fan for slot 7 
up? = kinetic energy of the suction air in the respective 


p 
chambers 

Oa = suction quantity of slot 7 per unit time 

Re = Reynolds Number 

Re ‘= Uee/v, Reg = U0/v, Rese = US*/v 

Drags 

D. = total profile drag = D.,’ + D, (suction air acceler- 
ated to Uy) 

D..’ = wake drag, measured by wake survey 

D, = equivalent drag due to the power absorbed by the suc- 


tion fans 
Dimensionless Coefficients 
Suction quantity coefficient of slot 7; 
€Q, = Qa; UF 
Total suction quantity coefficient 
i= 1-24,1’-16’ 


 = > €Q@: for upper surface 


i=1-24 


i=1’-16’ 


€@; for lower surface 


Coefficient for fan pressure (slot 7 


Coos = Apai/Go 
Ct = lift coefficient. 
Coefficient of equivalent drag due to the power of the suction 
fans: 
i =1-24, 1-16’ 
Cig, = for upper surface 
Cag = for lower surface 


Ca Se = D..'/qoF = coefficient of wake drag 
= Cio’ + Cag = total profile drag coefficient 
€ = ¢4,,/c: = airfoil gliding angle 


INTRODUCTION 


ly ORDER TO REDUCE profile drag, some laminar air- 
foils have been developed, the maximum thickness 
and transition of which lie further back than usual 
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(references 1-6, etc. Such airfoils give a low profile 
drag, especially at low degrees of turbulence and high 
Reynolds Numbers.” *® However, they are sensitive 
to surface waviness,’ to flies * ® and so on, to disturb- 
ances from turbulence at high Reynolds Numbers,* 7? 
and to acoustic disturbances.’ Flight experiments 
have shown that the atmospheric disturbances have no 
significant influence on transition.® ® 

Suction experiments at the Institute for Aerodynam- 
ics, Ziirich, have shown that a further large reduc- 
tion of friction and profile drag is possible by prevent- 
ing transition by suction. With 
suction, the laminar separation occurring with pres- 
sure rise and the following transition can be avoided. 


boundary-layer 


Thus, with suction, considerable pressure rises can be 
performed With laminar boundary layers. Such pres- 
sure rises exist on the rear part of airfoils. 

Experiments in Ziirich with a continuous suction 
with 35 closely spaced slots gave a laminar pressure 
rise of 53 per cent, '°-!* with 3 single slots of 63 per 
cent (reference 4, page 43) and with a single slot of 
maximum 56 per cent (reference 4, pages 54 and 57) of 
the pressure difference between the front stagnation 
point and the pressure minimum. 

The amount of the sink effect for the laminar pres- 
sure rise is considerable (reference +, pages 43-57). 
At stronger suction this effect can be amplified by a 
step on the surface in the region of the slot (reference 
6, 14, 15). However, this 
measure may cause transition with weak suction. 


4, pages 52-58; references 5, 


A further reduction of drag is possible if the air that is 
sucked away is accelerated to the velocity of the un- 


which is otherwise lost and is relatively large with 
laminar boundary layers, can be partially regained. 
Professor Ackeret pointed to the possibility of drag re- 
duction of an airplane by regaining the kinetic energy 
of the wake (reference 13; see also reference 4, page 82- 
S5). 

In the Ziirich 7- by 10-ft. wind tunnel (turbulence 
u’/Uy = 0.004 to 0.0045), tests have been made with a 
10.5 per cent thick laminar suction airfoil of conven- 
tional thickness distribution (reference 4, page 85) 
With suction, the boundary layer could be kept entirely 


laminar with relatively small suction quantities, 
(cg = Qa/U.F = 0.0013), and relatively low drag 
values were reached: Céapin. = 0.0023 at Ugc/v = 2.2 


10 (including the equivalent drag due to the power of 
the suction fans). Similar suction experiments in the 
Ziirich 7- by 10-ft. wind tunnel with a 3.55 per cent 
thick symmetric laminar suction airfoil gave higher 
Reynolds Numbers Upc/v and lower drag values with 
SuCtION: Cdomin. = 0.00167 at Unc/y = 4 X 108 (ref- 
erence 4, page 70). At higher Uoc/v, an increase in 
drag presumably due to the wind-tunnel turbulence 
has been observed. 


With and without suction, the same critical Rey- 
nolds Numbers, (U@/v)crit. = 850 to 900, were ob- 
served on this 3.35 per cent thick profile at transition; 
in other words—within the test range of Reynolds 
Numbers no change of the critical Reynolds Number, 
(U0/v)-i., has been observed with suction. 

Further experiments with laminar boundary-layer 
suction have been carried out in the U.S.A., England. 


disturbed flow. Thus, the kinetic energy of the wake, and Germany.'4~"7 

TABLE 1 
x/c 10.0125 0.025 0.05 0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 o.9 0.95 1 
Vu/C 0.0220 0.0303 0.0420 0.0585 0.0782 0.0888 0.0940 0.0940 0.0888 0.0756 0.0505 0.9162 0.0053 0 
—/C 0.0181 0.0253 0.0354 0.0479 0.0628 0.0708 0.0745 0.0745 0.0698 0.0577 0.0371 0.0103 0.0022 0 


Ro/ce = 0.0193 
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Schlichting and his collaborators calculated the sta- 
bility of the laminar boundary layer with continuous 
suctiot They found that a laminar boundary 
layer should be more stable with suction. 


3—9 
1,18 21 


Suction experiments in Zurich* with single slots 
showed that a part of the kinetic energy of the suction 
air could be recovered by forming the slot as a diffusor. 
Thus, the losses in the suction slots were relatively 
small, especially with curved slot diffusors (reference 
4, page 66; see also form of the suction slots, Fig. 4). 
Behind the slots the boundary layer generally remained 
laminar. 

The idea of forming the suction slots as diffusors is 
due to Professor Ackeret and was first applied by A. 
Gerber on suction experiments with turbulent bound- 
ary layers in the Institute for Aerodynamics, Ziirich.*° 
On the design of suction slots see also Fage.** 

By combining many suction slots, a large pressure 
rise with laminar boundary layers should be possible. 
Thus, completely laminar boundary layers should be 
realized on thick airfoils, which are preferable from 
the structural point of view. Such thicker airfoils 
would then have drag values only slightly higher than 
thin suction airfoils (reference +, page 10), provided 
that no shock waves occur. To test this latter sup- 
position, further suction experiments were carried out 
on a 17 per cent thick laminar suction airfoil in the 7- 
by 10-ft. Ziirich wind tunnel at the end of 1946. 


APPARATUS, EXPERIMENTAL METHODS 


The airfoil used is shown in Figs. 1, 2, and 3, the 
coordinates being given in Table 1. The character- 


istic dimensions of the airfoil are: 


Total chord: c = 3.97 ft. 

Maximum relative thickness: ¢t/c = 0.17 at a dis- 
tance of 0.45 ¢ from the leading edge 

Maximum relative camber: f/c = (.C1 at the half- 
chord point 

Relative radius of curvature at the leading edge: 
Ro/c = 0.0193. 


In order to investigate its efficiency under boundary- 
layer suction conditions, as well as to study the possi- 
bility of obtaining a favorable envelope polar, a trail- 
ing-edge flap was fitted to the airfoil (cry = flap chord = 
0.10Sc). 


General Arrangement 


A wing of 6.95-ft. span with this airfoil was mounted 
in a vertical position in the center of the closed working 
section of the 7- by 10-ft. Ziirich wind tunnel.** The 
working section has a height of 7 ft. and a width of 10 
ft. The passages between the tunnel walls and the 
wing were rounded (Figs. 2 and 3). 

The middle part of the wing was fitted with suction 
slots of 2.96-ft. length. The central portion (span b = 
0.984 ft.) of the middle part was used as the measuring 
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Suction wing in the wind tunnel, 


Fic. 3. 


section, while the side portions served as auxiliary 
suction sections (Figs. 2 and 3). The angle of attack 


of the wing and the flap angle 8, could be varied. 


Suction Slots 

The form and position of the slots are given in Figs. 
1 and 4. To approach the idea' of a continuous suc- 
tion, a large number of suction slots were provided 
without at first too much regard for a practical applica- 
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TABLE 2 ; i. 
Slot Width s 
Slot 2 3 { 5 6 7 8 9 10 611 2 13 14 6 
p ame 0.24 0.19 0.16 0.16 0.17 ef 0.17 0.15 O.16 O.15 0.15 O.20 0.20 90.38 0.38 
Slot 16 17 18 19 20 21 22 23 24 
ee 0.36 0.36 0.30 0.30 0.37 0.33 0.30 0.30 0.40 
Slot 1’ 2” 3’ 4’ 5’ 6’ 7 8’ 9’ 10’ it’ 12’ 13’ 14’ 15’ 16’ 
Smt 0.21 0.25 0.20 0.22 0.22 0.20 0.25 0.28 0.41 0.44 0.40 0.43 0.33 0.40 0.40 0.49 


tion.* On the upper and lower wing surface, 24 and 


16 small suction slots, respectively, were fitted. By 
applying many suction slots, a large laminar pressure 
rise is possible with increased suction, resulting in a 
larger lift range with completely laminar boundary 
layer and low drag.t 

The slots were formed as diffusors and bent back- 
wards (Fig. 4) in order to recover as large an amount 
as possible of the kinetic energy of the suction air. 
The width s of the different slots could be varied. 
No steps 
The slot 


») 


Along the span the slot width was constant. 
were made on the wing surface at the slots. 
width s for the various slots is presented in Table 


Wing Construction 
The part of the wing with the slots was designed as 
light metal double-walled stressed-skin construction 
The Z-stringers were 
The screws in the down- 


(Fig. 1). used also as the side 
walls of the suction chambers. 
stream portion of the slot diffusors assured the exact 
form of the slots and, at the same time, were used for 
shear transfer in the outer skin across the slots. 

Preliminary tests showed that it is advisable to dis 
place these screws along the chord in order to minimize 
suction troubles behind the screws. 

Each slot was connected to an individual suction 
chamber in the wing. The quantity of air Qe; removed 
from the boundary layer through each individual slot 
was measured by calibrated special nozzles (Fig. 5), 
whose entrances were located approximately in the 
their respective chambers. All suction 
They were connected with the 
The static pressure in 


center of 
chambers were sealed. 
suction fan by rubber tubes. 
the suction chambers and on the surface of the wing 
were measured with static pressure orifices. 


* The minimum profile drag can be expected either with a 
well-designed continuous suction or a large number of individual 
suction slots. By sucking away only the innermost slowest parts 
of the boundary layer, the losses in the suction slots decrease. 
Furthermore, by applying many slots, the surface friction can be 
decreased, the mean boundary-layer thickness in this case being 
larger for a given critical transition Reynolds Number, Reg,,; 
(U0/v) crit. 

¢ Additional exploratory tests with the same airfoil showed 
that a considerably reduced number of slots would still keep the 
boundary layer entirely laminar, in a range of ci-values which 
would be sufficient in many practical cases. For instance at 
Re = 1.8 X 108, c: = 0.3, Br = 0.4°, the boundary layer re- 
mained completely laminar with the slots 14, 16, 18, 20, 22, 23, 
24; 10’, 12’, 14’, 15’, 16’ in the rear part of the wing, the other 


slots having been sealed. 


In order to mount all the rubber tubes for the suc- 
tion chambers and the pressure orifices, large openings 
were provided on the lower wing surface. After the 
mounting and control the tightness of the rubber 
tubes, the remaining parts of the lower wing surface 


were screwed to the wing. 
MEASUREMENTS 


(A) With Suction 


(a) Static pressure distribution along the wing chord 
by means of static pressure orifices 0.5 mm. in di- 
ameter, or, in the rear part of the profile with a static 
pressure tube 2 mm. in diameter. f{ 

(6) Quantity of suction air by means of calibrated 
nozzles. 

{The four static pressure orifices of the 0.4-mm. diameter static 
pressure tube were situated 10 mm. behind the rounded head 
and 100 mm. in front of the 3-mm. shaft. Control tests with 
static pressure orifices showed that the static pressure measured 











with this pressure tube was Ap/go = 0.004 to 0.007 too high. 
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(c) Static pressures in the various suction chambers 
by means of static orifice 0.8 mm. in diameter. 

(d) Wake measurements 0.092 ft. behind the trail- 
ing edge. 

(e) The state of the boundary layer (laminar or 
turbulent) and the transition point were observed with 
the stethoscope.*° 

The suction quantity of each slot was regulated by 
throttling the respective rubber tubes, for various 
r.p.m. of the suction fan, so as to obtain a minimum 
total drag for each setting of parameters (Reynolds 
Number Re = Uh c/v, lift coefficient c,, flap angle 


Br). 


(B) Without Suction 


The profile drag was measured outside of the region 
of the slots (i.e., without suction) by means of wake 
surveys for the same setting of parameters. The lift 
coefficient c,; was evaluated from pressure distribution 
measurements along the wing chord with a 2-mm. 
diameter static pressure tube. 


EVALUATION OF DRAG WITH BOUNDARY-LAYER 
SucTION* 76 


Let the suction air be accelerated by the suction fans 
to the velocity u4 in the direction of the undisturbed 
flow. Let a propeller or a ducted fan be used to over- 
come the drag of the wake and the momentum Q,(U» — 
u,)p of the suction air. If the efficiencies of the pro- 
peller and the suction fans are equal and independent 
of us, the optimum outlet velocity of the suction air is 
Usop. = Uo. 

For the evaluation of drag it will be assumed that 
the suction air is accelerated to Uy and that the pro- 
peller and the suction fans have the same efficiencies. 

With these assumptions the total profile drag is 


Da 
Dp... = : ¢ (a aid Pai aoa ° u') +4. it eg 


{=1-24, 1-16" Uo 
where 
Go — Pa — (p/2)uz?= Ape 
The drag of the wake D’.. = ca’ .goF was evaluated from 
the wake surveys. 

With the dimensionless coefficients cg, = Qza;/UoF 
for the suction quantity and Ch, = Aby,/ qo for the 
pressure of the suction fans, the total drag coefficient 
is: 

dD. 
e- =. » (CoCpy)s + Ce’. 
Gok = t= 1-24, 1'-16" 
where 
j~=-DjeF= F 


i=1-24, 1’-16’ 


(CoCp,) 


equals coefficient of equivalent drag due to the power 
of the suction fans. The lift coefficient c; was evalu- 
ated from the pressure distribution measurements. 


























| 2, 
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10 1510° 2102 Re 3:10 
Fic. 6. Minimum profile drag cg without and with suc- 


tion (including the equivalent drag due to the power of the suc- 
tion fans) for different Reynolds Numbers, Re. 


Wind-Tunnel Correction (Reference 4, page 88; References 

27 and 28) 

In order to obtain the values for the wing working 
in an infinitely large air stream, the measured values 
were corrected for the influence of the tunnel walls. 

At the place of the wing the tunnel walls or the images 
of the airfoil induce a velocity AU, so that the undis- 
turbed static pressure pp for the wing, working in in- 
finite flow, is decreased by pUj»AU — (p/2)AU*.  Re- 
placing each image by a source and a sink, AU/U» was 
0.013. The wing being situated in the middle of the 
wind tunnel, no velocity was induced here by the cir- 
culation of the images. The undisturbed static pres- 
sure fp for the wing working in infinite flow was then 
determined: 

(1) By measuring the static pressure in the middle 
of the wind tunnel with the profile removed and sub- 
tracting pUy»AU — (p/2) AU? (valid on the assumption 
that the working section of the wind tunnel is tight 
and that the wake can be neglected). 

(2) By determining the arithmetic mean value py 
of the static pressures Pw, on both side walls of the 
wind tunnel at the place of maximum thickness of the 


wing. Then 


bo = Pw + pUxl AU, — AU) 


(neglecting terms of higher order of AU and AU,), 
where AU’, equals arithmetic mean value of the induced 
velocities on both side walls of the tunnel at the place 
of maximum thickness of the wing under the influence 
of the wing and the images together (AU, = 0.033 U»). 

The measurements gave: P»/go = —0.07 with ref- 
erence to atmosphere. With fo and the undisturbed 
total pressure go, the undisturbed dynamic pressure 
for the wing working in infinite flow is go = go — po; 
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(including the equivalent drag due to the power of the suction 


fans) for different flap angles pr and Reynolds Numbers, Re. 
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the undisturbed velocity is Uy = V (2/p) 40. The 
static pressures p and py were referred to py for the 
evaluation of the tests. 


Camber Correction™ 


In the closed tunnel the effective 
file is increased by an additional are camber Af/c = 
0.0030c,. 


camber of the pro- 


EXPERIMENTAL RESULTS 


The experimental results are presented in the Figs. 6 


to 17. The results are corrected for tunnel wall ef- 
fects. 
(2) Cdomin, (Re), for [Oto 


In Fig. 6 the minimum profile drag céq,,;,. is plotted 
against Re = Upc/v. With boundary-layer suction, 
Ca. 1S reduced to about one-half: cd.,,, = 0.0023 
with suction at Re = 2.4 X 10® as compared with 
0.0048 without suction at Re = 2 X 108 With low 
suction quantities (ca, = (0.0014, see Figs. 10, 13), the 
boundary layer could be kept completely laminar on 
both sides of the wing (stethoscope observations). 
With suction, cg, decreases with increasing Reynolds 
Number in a manner similar to the laminar friction 
drag of a flat plate up to Re = 2.4 X 108. For Re above 
2.4 X 10°, cg, increases again. 

Without suction, cz, decreases also with increasing 
Reynolds Numbers up to Re = 2 X 10°. For higher 
Reynolds Numbers the drag increase is probably due 
to wind-tunnel turbulence. Turbulent puffs at points 
relatively far upstream on the profile, as well as a 
rapid forward movement of the transition region, were 
then observed with the stethoscope. 

With suction, similar observations were made with 
the stethoscope. For Reynolds Numbers above 2.4 X 
10°, turbulent puffs were observed. With increasing 
Reynolds Numbers they became more frequent and 
began further upstream on the airfoil. They may be 
due to wind-tunnel turbulence, as in the case without 
suction, or to disturbances from the suction on the 
boundary layer. As the same critical Reynolds Num- 
bers (U@/v) er. were observed with and without suction 
in the region of the uniform pressure distribution 
(U6/vy = 750 to 800 for the beginning of turbulent 
puffs), it can be argued that the laminar boundary 
layer was not disturbed by the suction within the test 
range of Reynolds Numbers. Thus, wind-tunnel 
turbulence is probably the reason for the beginning of 
these turbulent puffs and for the corresponding increase 
of drag at the higher Reynolds Numbers. 

A comparison with the 10.5 per cent thick laminar 
suction airfoil of reference 4 (with conventional thick- 
ness distribution) shows that the minimum profile drag 
is not higher for the present airfoil of 17 per cent thick- 
ness. This fact is caused by the more uniform static 
pressure distribution of the present airfoil. 
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LAMINAR SUCTION AIRFOIL 


The rate of increase of profile drag with airfoil thick- 
ness is markedly decreased by suction. Perhaps a 
similar smaller percentage increase in profile drag can 
be expected with increasing Mach Number until the 
beginning of shock waves; however, this supposition 
must be proved. 


(b) Airfoil Polars c: (ca), for Ca, 
opt. 


Figs. 7-9 show the airfoil polars with and without 
suction for various values of Re and Br. The com- 
pletely laminar boundary layer on both airfoil sur- 
faces causes Cy,, to remain at low values for a consider- 
able range of c,-values, thus giving extremely small 
airfoil gliding angles, especially with a deflected flap 
with By = 0.4°, at Re = 2 X 10° 


€ Sept. 


with By = 10°, at Re = 2 X 108 


— 250 

With fixed flap positions the range of c, with low drag 
is slightly more than doubled with suction. 

For extremely large or extremely small or negative 
crvalues, one of the airfoil surfaces could not be kept 
laminar any longer, in spite of suction, because of the 
steep pressure rise at the leading edge. In those cases 
the drag increases considerably. 

(c) Suction Quantity, c: (c.. ) 
opt 

Fig. 10 shows the optimum suction quantity 0,,,,. 
for minimum drag and the respective amounts of both 
airfoil surfaces at Re = (2 + 2.2) X 10° for different val- 
ues of c; and Br. For 0 < c, < 0.75, relatively small 
suction quantities (cg, = 0.0014 to 0.0017) are necessary 
to keep the boundary layer completely laminar. The 
minimum suction quantity was observed two times at c, 
= 0.25, Be = 0.4° and increases slowly at other c,’s. 
With increasing values of c;, the suction on the upper 
surface of the airfoil had to be increased, especially in 
the front part of the wing, in order to keep the boundary 
layer completely laminar. On the other hand, the 
suction on the lower surface can be reduced and vice 
versa. 

With increasing flap angles, an increasing pressure 
rise on the lower wing surface in front of the flap was 
observed (see pressure distributions Figs. 14-17). 
Furthermore, the concave camber of the lower wing 
surface at the flap axis is increased with increasing Bp’s. 
For both reasons, in order to avoid premature transi- 
tion on the lower surface, the suction had to be strength- 
ened in front of the flap on the lower wing surface with 
increasing y's. Thus, the relatively large amount of 
suction quantity at larger 8,’s for the lower surface can 
be explained. 

(d) ca’, ca, ca | at Different o's for Br = 0.4° and 
Re = 2.2 X 108 

In Fig. 11 the wake drag ca’, and the equivalent 

drag due to the power of the suction fans cd, _, for each 
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wing surface are plotted against c,, for Re = 2.2 X 10°, 
With increasing c, the equivalent drag of the suction 
fans increases for the upper surface and decreases for 
the lower surface, and vice versa. In the optimum 
c,tange, ca’,, is small. Its amount of the total drag 
is 25 per cent; that of the suction fans is 75 per cent. 
From this it is evident that a high suction fan efficiency 
is of paramount importance. 

Fig. 12 shows the total pressure g/go in the wake be- 
hind the wing with and without suction, both for 
cd The reduction of the wake area with bound- 


Oomin.* 
ary-layer suction is evident. 
(e) ca »? Cdyy Cd, ’,(cg,), See Fig. 13 
For the minimum profile drag c,, the boundary 
min. al 


layer could just be kept entirely laminar on both wing 
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surfaces with the minimum suction quantity cg. 
For stronger suction cg, > Ca,» the surface friction 
opt 


and the profile drag increased. For weaker suction 
, turbulent puffs were observed with the 

pt. 

stethoscope in the rear part of the airfoil increasing 


Car S Coa, 
oO 


again the surface friction and the profile drag. 


(f) Pressure Distributions Along the Chord 


Figs. 14-17 show the pressure distributions ~/q 
along the wing chord for different values of c,and 8». 
For the exact determination of the pressure distribu- 
tion at the slots (sink effect), many more static pressure 
orifices would have been necessary than could be in- 
stalled (in general, only one static pressure orifice was 
arranged between two successive slots). Therefore, 
the pressure distribution curves are only shown dotted 
through the measured points in the region of the slots. 
At the optimum lift coefficient ¢,,,,, the pressure dis- 
tribution is uniform on both surfaces up to two-thirds of 
the chord. Only a small amount of suction quantity 
was necessary upstream from this point (Table 3). 
Shortly ahead of the beginning of the sharp pressure- 
rise on the rear part of the airfoil, suction was increased 
to reduce the thickness of the boundary layer in order 
to begin the pressure rise with a thin laminar boundary 


layer. In the region of the pressure rise, suction had 
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TABLE 3 

Br deg. 0.4 

Re X 10° 2.24 

a 0.232 

Slot 10-* X ce Cpg 

1 0.0172 1. 52¢ 
2 0.0132 1.570 
3 0.0140 1.576 
4 0.0139 1. 567 
5 0.0139 1.542 
6 0.0106 1. 567 
7 0.0113 1.559 
8 0.0090 1.570 
9 0.0101 1.550 
LO 0.0081 1.563 
11 0.0072 1.590 
12 0.0114 1.554 
13 0.0175 1.548 
14 0.0511 1.530 
15 0.0637 1.480 
16 0.0618 1.436 
17 0.0598 1.366 
18 0.0491 1.303 
19 0.0522 1.221 
2) 0.0561 1.108 
21 0.0622 1.028 
29 0.0668 0.967 
23 0.0661 0.905 
24 0.0545 0.910 
a” 0.0115 1.246 
2 0.0137 1.250 
 Y 0.0123 1.271 
1’ 0.0115 1.289 
5’ 0.0117 1.309 
6’ 0.0096 1.313 
thd 0.0093 1.326 
8’ 0.0093 1.329 
g’ 0.0446 1.323 
10’ 0.0745 1.304 
TD ig 0.0640 1.195 
12’ 0.0737 1.102 
13’ 0.0706 0.992 
14’ 0.0800 0.924 
15’ 0.0814 0.896 
16’ 0.0990 0.839 
cg, X 1075 0.7998 
co, X 1073 0.6767 
ca, X 1073 1.4765 
Cig X 10-3 1.743 
ts." SM 10-5 0.588 
Cc x 10-3 2.30. 


also to be increased to keep the boundary layer suffi- 
ciently thin in order to prevent transition (Table 3). 
Calculation of the development of the laminar boundary 
layer with suction in discrete slots gave relatively large 
values for U@/v up to two-thirds of the chord [(U0/¥) maz. 

= 750 to 800] and much reduced values in the region of 
the pressure rise (U@/v = 400 to 600). 

Along the last 10 per cent of the chord the static 
pressure remained approximately constant at small 
flap angles. Therefore, no suction slots were arranged 
However, it was necessary to 


in this part of the profile. 
keep the boundary layer sufficiently thin ahead of this 
last portion of the profile in order to prevent transition 
on the flap, the concave surface curvature of which 
produces instability of the boundary layer, especially 
with flap angles different from zero (observations with 
the stethoscope). 
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For the destabilizing effect of a concave surface on a 
laminar boundary layer see references 30-32, 14. For 
Br = 04°, c, = 0.1 to 0.5, critical values of Re,V 6/r = 
10 to 12* (ry = radius of curvature of the wing surface) 
were obtained in the rear part of both wing surfaces 
(from wake surveys and calculations of the develop- 
ment of the laminar boundary layer with suction). 

Table 3 shows the coefficients cg; and Cpy; for the suc- 
tion quantity and the suction fan pressure, respectively, 
for each slot as well as Cg, Ca.., Ca’ a» Cag for c; = 0.232, 
By = 0.4°, Re = 2.24 X 10°. 

The laminar pressure-rise from the point of minimum 
pressure to the trailing edge or the transition point was 
considerable, especially at higher values of c, (see Figs. 
14 to 17). Sometimes at higher lift coefficients the 
boundary layer could be kept entirely laminar along 
the suction stretch, while a slight turbulent separation 
was observed on the wing surface outside the suction 
wing portion. A maximum laminar pressure rise of 85 
to 86 per cent of the pressure difference between the 
front stagnation point and the point of minimum pres- 
sure had been observed at Uoc/v = 0.5 X 10°. 

The possibility of applying the suction of laminar 
boundary layers in flight depends entirely on the 
question: Is it possible to maintain completely laminar 
boundary layers in flight at high Reynolds Numbers by 
means of suction? This question is of paramount 
importance and should be examined by flight tests on 
laminar suction wings. One knows (reference 6, foot- 


* See Gortler :*° ReoVe r = 0.6 for instability (theory). See 
Liepman :*? RepV 8, r=7.5 beginning of transition (experiment). 
See Richards:'* Reg 6, r = 12 for transition in the rear part of 
a Griffith airfoil with boundary-layer suction. 
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note) that high Reynolds Numbers Re, with laminar 
boundary layers have been obtained in flight on laminar 
airfoils without suction.* However it must yet be 
proved if it is possible to obtain such high Reynolds 
Numbers Re, in flight also on laminar suction airfoils. 

If it should prove that completely laminar boundary 
layers are possible in flight at high Reynolds Numbers, 
extremely low drags should indeed be possible. It 
would then be worth while to study the other questions 
connected with the suction of laminar boundary layers 
(construction, propulsion of laminar suction airplanes, 
suction fans, combination with high lift suction and 
suction at high Mach numbers, simplification of the 


suction, etc.). 
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SUMMARY 


The image system required to satisfy the boundary conditions 
for a wing-body combination in a closed circular tunnel is de- 
duced, and the upwash interference due to the tunnel wall is 
thereby calculated.{ The development starts from first prin- 
ciples and utilizes elementary methods. An incompressible 
nonviscous fluid is assumed. The results indicate an inter- 
ference significantly different from that obtained for the wing 
alone. In particular, it is found that the magnitude of the 
interference for the wing-body combination may be up to twice 
as great as for the wing, and in all cases the distribution along 
the wing span of the tunnel induced upwash is opposite to that 
for the wing alone (tends to produce a root rather than a tip 
stall). It is concluded that wing-alone corrections are not, in 
general, applicable to wing-body combinations. 


INTRODUCTION 


—— WALL CORRECTIONS for wing-alone 
data were deduced many years ago by Prandtl 
in Germany and Glauert in England. Since then, these 
solutions have been refined and extended to cover a 
wide variety of tunnel shapes. This work is well 
founded and there is no question as to the validity of the 
results. For many years, however, it has been accepted 
practice to apply these same corrections to wing-body 
data, even though at no time does there appear to have 
been any theoretical justification for this practice. 

In the present paper, using the simplest case (a wing 
in combination with a circular body in a closed circular 
tunnel), the problem is re-examined on a rigorous basis. 
The solution is carried through to the deduction of 
corrections for a series of wing-body-tunnel configura- 
tions. 

The results are summarized in Figs. 5 and 6. 


NOTATION 


z complex variable = x + ty 
x! , . 
‘ee orthogonal coordinates in the complex z plane 
‘ ( = orthogonal coordinates in the complex ¢ plane, real plane 
| 
1 imaginary operator 
Uy = axial tunnel velocity 
r = radius of body 
b = radius of tip vortex 
R = tunnel radius 
S = 


wing area 
Received April 9, 1948. 
* Research Department. 
+ This paper is not concerned with other forms of tunnel inter- 
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ference such as blockage and camber effects. 


C = cross-sectional area of tunnel, rR? 
a = angle of attack 
lr = vortex strength 
Cr = wing lift coefficient basis on S 
6 = jet boundary correction factor [defined by Eq. (8)]} 
oe eae . — . 
Fr ( = simplifying substitutions defined by Eqs. (6) and (7) 
2 
Subscripts 
v = coordinate of trailing vortex 
i = coordinate of image vortex 


GENERAL PRINCIPLES 


The flow about a finite wing moving in free air is 
largely determined by the circulation about the airfoil 
and the trailing vortex system shed from its trailing 
edge. At a reasonable distance from the wing the ef- 
fect of this system is equivalent to, and for the purpose 
of analysis may be simulated by, a single horseshoe 
vortex consisting of a bound vortex lying along the 
quarter-chord span and a pair of trailing vortices 
trailing from points near the tips (Fig. 1A.) Such a 
representation is generally referred to as a lifting line 
approximation. The span of this equivalent lifting 
line is a function of the actual lift distribution on the 
wing and varies from eight-tenths to nine-tenths of the 
wing span for wings of usual plan form (see, for ex- 
ample, reference 1, p. 167). 

When a wing is placed within the confined bounds of 
a wind tunnel, the flow at the walls is forced to conform 
to the shape of the tunnel. This “‘confined’’ flow may 
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transformation. 


be simulated by a lifting line horseshoe vortex (repre- 
senting the wing), plus some additional disturbance 
that, combined with the disturbance due to the horse- 
shoe vortex, produces, at the walls, flow parallel thereto 
(Fig. 1B). This additional disturbance, introduced to 
simulate the effect of the tunnel walls, also distorts the 
flow at the wing itself. The latter distortion in the 
simulated field is equivalent to the actual interference 
of the tunnel wall. 

The general procedure for evaluating tunnel wall 
interference consists of determining, first, the nature of 
the additional disturbance required to satisfy the bound- 
ary conditions at the tunnel wall, and then, in turn, 
the effect of this disturbance at the 
wing. 

In solutions of this type it is customary to satisfy 
rigidly the boundary conditions only in the plane of 
the wing. Thus, all of the wing-alone solutions neglect 
the downward displacement of the vortices trailing 
from the tip and do not exactly satisfy the boundary 
conditions at the wall downstream. (The same ap- 
proximation is made in this paper with the result that 
the boundary conditions on both the body and tunnel 
wall are rigidly satisfied only in the plane of the wing.) 
By this simplification the problem is reduced to that 
of satisfying the boundary conditions in a plane normal 


additional 


to the tunnel axis. 


WING ALONE 


Consider first a pair of simple vortices normal to the 
complex plane x, iy and piercing it at (—a, —6) and 
(—a, b) (Fig. 2A). Astreamline may be produced along 
the 7y-axis in this plane by placing equal and opposite 
image vortices at (a, —b) and (a, b). If the flow so 
created is now transformed by means of the bilinear 
transformation 

¢ = i[(z2 + 1)/(2 — 1)] (1 


the real negative half-plane goes into the inside of a 
unit circle of which the circumference is the transform 
of the iy-axis. This streamline simulates the flow at 
the walls of a circular tunnel. 

The general point z — x + zy transforms into 
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m 2y s+ yy? —1)\. 
po ee ee ee e 4 >]? 
=" 2)- = oF ie iy" + Fe 


or, the coordinates of this point in the ¢-plane are 


f= — {2y [(x — 1)? + y?}} 
n = — { (x? + y? — 1)[(vw — 1)? + y2|} 
The point z = —7 thus becomes & = 1, » = 0, while 
z = Oand z = —1 become — = 0, » = 1 and é 0, 


n = O, respectively (Fig. 2). 
The vortices located initially at z = —a —bi and 


= —a + bi are relocated by the transformation at 


a2 


(—a, —b) (—a, b \ 
e 2b 2b 
$ cle aaa 9 » E “Bettade ie > . 
(—a—1)?+0) : (—a — 1)* +0 2) 
a* + $? — ] a’ + 6? — ] 
Noy a 2 a . 
(—a — 1)?+ 6? (—a—1)?+5 


These two particular vortices are symmetrically spaced 
to either side of the centerline and are equally elevated 
above or below the middle of the tunnel (Fig. 2B). 
They may be considered to simulate the trailing vortices 
from a finite wing so located. By a proper choice of 
the initial location of these vortices in the z-plane, any 
wing position may be represented. 

The image vortices located at s a 1b and z = 


a + tb are relocated at 


(a, —b) (a, b) 
7 »h 2b 
gi - ; t= 
(a 1)? + Bb? (a—1)* +5) } 
a Tt 6b? — | a + D- — | 
n = . n = 
(a—1)?+ 0° (a — | +h 


These vortices combine with the trailing vortices to 
produce in the ¢-plane the circular streamline at |¢ 


simulating the tunnel wall. They thus constitute the 


additional disturbance required to satisfy the boundary 
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conditions in a circular tunnel. The interference of 
the tunnel wall may now be evaluated by calculating 
the velocity induced at the wing by these two image 
vortices (see, for example, reference 1, page 190). 

The location of the image vortices may be determined 
for any wing position by solving Eq. (2) for a and 6 in 
terms of ¢, and n, and substituting into Eq. (3), thus 
obtaining the coordinates of the images in terms of the 
location of the trailing vortices. This computation is, 
however, unnecessary, since a bilinear transformation 
such as Eq. (1) always transforms inverse points into 
inverse points—i.e., points so located that they lie on a 
radial line at radii whose product is equal to the square 
of the radius of the circle, ryrz = R* (Fig. 2B). Since 
one must always start in the z-plane with inverse 
points in order that zy be a streamline, one must al- 
ways end up in the ¢-plane with inverse points. Or, 
the image for each trailing vortex is located by 


c; = R° b (+4) 


where } is the radius of the trailing vortex and R is the 
radius of the tunnel. This conclusion is general and 
applies to any number of trailing vortices indiscrimi- 
nately located within the tunnel. It also, incidentally, 
applies to any other type of disturbance placed within 
the tunnel; for example, the image of a source placed 
within a circular tunfiel is also iocated at the inverse 
point defined by Eq. (4). 

The pertinent result of this phase of the development 
is the general conclusion that the additional disturbance 
required to satisfy the boundary conditions in a circu- 
lar tunnel consists of one image vortex for each trailing 
vortex, said image being located at the inverse point 
with respect to the tunnel wall. 


WInNG-Bopy COMBINATIONS 


If it is desired to simulate a wing in combination with 
a circular body, an additional boundary condition 


Location of vortex images for wing-body combination. 


must be satisfied—namely, that the flow be parallel 
to the surface of the circular body. 

In the previous section it was shown that a vortex 
and a properly located image can be made to produce 
It was thus possible 

If the images are 


a circular streamline at any point. 
to simulate a circular tunnel wall. 
now located inside of, rather than outside of, the tip 
vortices, the circular streamline will lie inside the tip 
vortices (Fig. 3A). Thus, employing the results of the 
previous section, it follows that the wing-body combina- 
tion in free air may be simulated by two horseshoe vor- 
tices, the trailing vortices of each of which are located 
at inverse points with respect to the body diameter 
(Fig. 3A). 

In order to satisfy the boundary conditions at the 
tunnel wall for a wing-body combination, it is neces- 
sary to add an additional disturbance that, again draw- 
ing on the results of the preceding section, consists of 
one equal and opposite image for each of the four trail- 
ing vortices. These images are located at the inverse 
point of each of the vortices (Fig. 3B). The addition of 
the image vortices satisfies the boundary condition at 
the circle representing the tunnel wall but destroys the 
conditions previously established at the inner boundary 
representing the body. To re-establish the solution 
at this boundary it is necessary to add four additional 
vortices within the body diameter inverse to the four 
previously added outside the tunnel-wall diameter. 
But these in turn destroy the conditions established 
at the outer boundary, making it necessary to add four 
more images and so on indefinitely (Fig. 4). 

The additional disturbance in the case of the wing- 
body combination consists of eight infinite sequences 
of vortices, four outside the tunnel boundary and four 
inside the body diameter. The outside sequences (two, 
one to either side) developing from the wing tip vor- 
tices are composed of equal and opposite images located 
at R® + 2"/r?"b (see Fig. 4), while the outside sequences 
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two) developing from the body vortices are composed are located at r4 + 2*/R2 + 2*b (opposite to tip vor- 
J / \ 


of images having the same direction of rotation as the _ tex). 

wing tip vortices and located at R? + 2*b/r? +2". The The vortices here used trail from the plane of the 
wing to infinity. The velocity induced in the plane of 

; : the wing is therefore given by V = ['/47h (reference 1, 

vortices are composed of vortices located at r? * 2"b+ page 128), where I’ is the strength of the vortex and h is 

R? + % (same direction of rotation as tip vortex), the distance from the vortex to the point at which the 


inside sequences (two) developing from the wing tip 


while those (two) developing from the body vortices induced velocity is being calculated. 


The net velocity induced at the spanwise station ¢ by the additional disturbance—i.e., tunnel wall—is given by: 


@ 


es ee) BG 2 
w= 71+ D1 a) oak PL ome? bea a ed 
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a 4 2nh 29 + 2n} - 2 + 2n} 
SME) De S3)- ue S)- 
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n=() n= 


where the first four series represent the contribution of the image vortices outside the tunnel diameter and the 
latter four represent the contribution of those inside the body diameter. 


Substituting 
Pr = C,(1/2)pUs?S/2bpU) = C,SUe/4b 
Eq. (5) reduces to 
w > i : : ‘ : 
zs da = 1 fey” -(° \(z)+ y+ \(5,)- 
. wallets mr Nv) R/\R mar \s R)\R 
° l C51 ‘i . 
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The first four of the series of Eq. (6) are of the form A comparison test therefore indicates these series to be 
1/(x”" + k). Applying the ratio test for convergence, divergent. This result is also physically logical, since 
one finds these terms represent the effect of images inside the 
body diameter which approach a finite distance ¢ from 


a ae eee i 
limit m=yInk yeti the point at which the upwash is being evaluated. 
ie xy a ao > x + - 2 7 
" But, for each such image, there is always an equal and 
or the series are convergent if x > 1. Since x = R/r, opposite image, due to the other wing tip, approaching 


this condition is met. This result is physically logical, the same point. It is therefore justifiable to add the 
since the images that these terms represent (those out- Series representing the effect of these families of images. 
° e ° - ‘ <a s > . he 
side the tunnel boundary) move off to infinity as » Combining, therefore, the first and second and the 


increases. third and fourth, two series of the form 


The second four series include sums of the form 1 + ' ae 
(k — x"). Since x here equals r/R and is less than 1, the (, ) 


terms of these series are, respectively, greater than those ae k+ x 


of the divergent series (1/k) + (1/k) + (1/k) ...—~.e., , oS —— 
are obtained. The ratio test indicates the series com- 


1/(k — x") > Y(1/k) bined in this order to be convergent. 
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Such a situation is referred to as “conditional converg- 
ence.’ Since in this case it is possible to show that the 
convergent order is physically motivated, the converg- 
ence of the series as a whole may be assumed. 


Eq. (6) may be written as 


.— 
Uo 


where Ff; and Fy, are the first and second brackets of 


I ‘\ + 


CS 1 A 
rR? 16 rr? 16 


Eq. (6). Finally, Eq. (7) may be put in the familiar 
form 
Ww l R\?2 Coe 
= Aa = F F, |— 
(*) Al 1+ (*) [ee 
Aa = 6(C,S/C) (8) 
where 


6 = (1/16)[F, + (R/r)?F2] 


is the usual tunnel-wall correction factor and C is the 
cross-sectional area of the tunnel. 

For r = O and — = O (induced upwash at center span 
—zero diameter body), all but the first two series in 
Eq. (6) are zero, and, in these two, all terms are zero 


except the first, for which m = 0. The latter terms 
each assume the value 1. Thus F; = 2 and F) = 0. 
Therefore 6 = '/s, which is the correct value for the 


wing alone. 

In the general case no sum has been found for the 
series of Eq. (6). They have, however, been evaluated 
numerically as far out as the fourth term. Both /; and 
F, converge rapidly, and for most cases it should be 
entirely satisfactory to remove the sumation signs 





from Eq. (6) and consider only the first term of each 
series. 


The upwash distribution for several typical cases is 
shown in Fig. 5, and the wing root 6 for a series of 
conditions is plotted in Fig. 6. The wing-alone 
conditions are shown for comparison in both figures. 
It is evident that the tunnel-wall interference for wing- 
body combinations is significantly different from that 
of the wing alone. In the first place, at the root the 
interference is twice as great in magnitude; and, in the 
second place, the distribution is reversed, the upwash 
being a maximum at the wing root, thus tending to pro- 
duce a root stall rather than a tip stall as for the wing 
alone. This difference between the wing-alone and 
wing-body interference tends to be greatest for cases 
in which the ratio of body diameter to wing span be- 
comes large. For airplanes of conventional design this 
ratio is between 0.05 and 0.15, but for missiles and air- 
planes of unconventional design, the ratio may be 


much higher. For an average wing-body-tunnel con- 
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figuration at C, = 1.0, the wall induced upwash at the 
wing root as here determined is 2° as against 1° as 
indicated by the wing-alone correction. For any spe- 
cific model the average 6 should be obtained by weight- 
ing the values of 6 as defined by Eq. (6) for various span- 
wise stations with respect to the spanwise chord dis- 
tribution. 


CONCLUSIONS 


It is felt that these results are particularly significant 
insofar as they affect the interpretation of stall studies. 
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The results in general, however, indicate a difference of 
sufficient magnitude to cast considerable doubt on the 
practice of applying wing-alone corrections to wing. 
body data for any purpose, the latter conclusion being 
particularly true for cases in which the ratio of body 
diameter to wing span becomes large. 
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Flight and Tunnel Test Research on 
Boundary-Layer Control 


H. B. DICKINSON* 


Telecomputiug Corporation 


SUMMARY 


Between 1941 and 1945 an experimental investigation was 
conducted at the Lockheed Aircraft Corporation to determine 
whether drag reductions could be obtained at level flight speeds 
by removing the boundary layer from the wing by means of 
suction slots. Prior to that time it was known that substantial 
lift increases could be achieved by this means under certain 
circumstances, and, as early as 1935, dataft were available show- 
ing large drag reductions at high lift coefficients with flaps de- 
flected. Also, attention had been called to the growing im- 
portance of the possibility that the large drag increases caused 
by flow separation when shock waves occurred could be reduced 
or eliminated by suction slots. Nevertheless, the data available 
on the use of boundary-layer control at low lift coefficients did 
not indicate drag reductions, probably because the internal 
losses were large in the elementary slot-duct systems employed. 
Furthermore, it was felt that the early application of boundary 
layer control hinged upon the success of this method in reducing 
the drag for high-speed and long-range flight. Otherwise, the 
performance gains were considered insufficient to justify the 
complication and developmental difficulties involved. 

Because of the recognition of the importance of the internal 
losses in the slot and ducts, an attempt was made to develop 
satisfactory internal systems, after which a wing was tested in 
the Lockheed wind tunnel with suction applied. Finally, a series 
of tests was made at full scale and high Reynolds Numbers in 
flight when an opportunity arose to apply boundary-layer control 
to an envelope that had been employed in a low-drag-airfoil 


investigation. 


INTRCDUCTION 


ect IN ANY PRELIMINARY COMMERCIAL IN- 
VESTIGATION of this type, it was necessary to 
eliminate many of the host of variables by the use of 
judgment alone, accepting whatever hazards this in- 
volved. For example, the earliest investigators rec- 
ognized that boundary-layer control made _ practical 
thicker sections than normal with attendant advan- 
tages to structural weight and stiffness, space n the wing 
for ducts and fuel, and high maximum lift coefficients 
with relatively small suction. Nevertheless, the trend 
toward thinner wings, dictated by the need for lower 
drag and higher critical Mach Numbers, was apparent, 
and it was felt unwise to attempt to oppose this trend. 
Accordingly, the investigation was limited to wings of 
a root thickness of less than 20 per cent. The use of 
suction was selected in preference to pressure on the 
strength of data available indicating less blower power 
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| Reference 1 and Fig. 1 


required. Because of the emphasis on drag, a rearward 
slot location was selected, although forward locations 
showed better characteristics from the standpoint of 
maximum lift. The use of multiple slots was eliminated 
as a primary variable not only because of complication 
and structural difficulty but also because it was felt 
that too great an internal volume would be required 
with such duct systems. In view of the use of power 
plants of higher fuel consumption with thinner wings, 
there was and is a growing tendency to fill the wings 
completely with fuel, so that any drag reductions ob- 
tained would have to be discounted by the amount of 
fuel displaced, at least for range purposes. Attention 
was devoted to the upper surface of the airfoil, because 
of the larger gains possible; it was felt that the result 
could be applied to the lower surface if it appeared in a 
particular design to be justified. Many other im- 
portant variables received of necessity this type of cur- 
sory treatment. 

For purposes of simplicity, the blower was divorced 
from the power-plant problem. A number of paper 
studies were made, supplying the engines with air partly 
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Fic. 2. Airfoil with slot, vanes, and duct. 


or totally derived from boundary-layer slots on the 
wing and fuselage; but in the experimental investi- 
gation, this complication was eliminated by assuming 
that a separate blower is provided which exhausts the 
air rearward at airplane speed, which is optimum since 
it leaves no energy in the wake. If desired, this separate 
blower can be thought of as the first stage of the pri- 
mary power-plant compressor, which then furnishes the 
power plant with air at a pressure equal to the dynamic 
pressure of flight. The blower power is accordingly 
expressed as an equivalent drag coefficient, with the 
usual assumption that the blower efficiency is the same 
as the propulsive efficiency. 

(It should be remembered that because of the con- 
stant-thrust characteristics of their power plant, jet 
aircraft have more to gain rangewise from reduction of 
the profile drag than have propeller-driven aircraft. 
The influence of boundary-control on the range of jet 
aircraft has been the subject of study by Smith and 
Roberts.’) 

For test purposes, the type of application visualized 
was as shown in Fig. 2. The slot and duct are located 
between the rear shear beam that closes the structural 
box and the leading edge of.the flap. The slot shown 
is of the ‘‘flush’”’ type, and its dimensions are exagger- 
ated in the sketch for clarity. The duct is of the “verti- 
cal” type, and extends from the bottom of the vanes to 
the lower skin of the wing. The vanes are provided to 
turn the air spanwise into the duct with low losses. 
The Fowler flap is supported by tracks that extend 
across the slot at intervals and tie into the structural 
box. The skin on the lower surface need not for struc- 
tural reasons be continuous across the duct; accord- 
ingly, a lower surface slot and duct could be provided. 
(The use of an aileron type flap with suction at the flap 
hinge shows promise if the internal aerodynamics can 
be worked out.) 


Tue Duct INVESTIGATION 


A series of slot and duct arrangements were tested 
without airflow over the slot to determine the order of 
magnitude of the internal losses and to develop means of 
adjusting the spanwise distribution of air volume re- 
moved. 
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The slot-duct combinations were designed to solve 
the hypothetical problem for a wing of the following 
characteristics: aspect ratio, 10; taper, 5: 1; root 
thickness, 20 per cent; tip thickness, 12 per cent. A 
single slot was assumed to be at about 60 per cent of the 
chord on the upper surface only, and the airfoil was of 
the NACA 66 series for purposes of establishing the 
wing depth available for the duct. These character- 
istics were selected with a large aircraft of four or more 
power plants in mind; it was assumed that they would 
be distributed more or less uniformly out the span; a 
blower was assumed in each nacelle, the outer fed by the 
outer panel and the inner by the inner panel. Other 
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Puoto 1. Section through flush slet with vertical duct. 
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PuHoto 2. Bottom view of flush slot with vertical duct 
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Puoro 3. Section through horizontal duct with flush slot 





Top view of horizontal duct with flush slot. 


PuHoto 4. 


blower arrangements are possible, but this was con- 
sidered the most practical. With this arrangement, the 
most difficult ducting problem is that of the outboard 
blower, and it is similar to the problem of the smaller 
single-engined airplane that would probably have wings 
of thickness, aspect ratio, and taper somewhat similar 
to the outer panel of the large airplane. The ducts 
tested were representative of those required for this 
outer panel. 

Ducts of two basically different types were devised 
and tested. Ducts of the “‘vertical’’ type occupied 5 
to 15 per cent of the chord and were located directly 
below the slot, between the lower surface of the wing 
and the bottom of the vanes which directed the air 
spanwise after it entered the slot. (See Photos 1, 2, 5.) 
Ducts of the “‘horizontal’’ type occupied a larger por- 
tion of the chord and were located ahead of the slot. 
The air after entering the slot traveled through a 180° 
turn in the chordwise plane and then through a 90° 
turn spanwise into the duct. (See Photos 3 and 4.) 
This type was abandoned as soon as it was discovered 
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that the duct losses were reasonable and satisfactory 
span distribution possible with the more compact verti- 
cal duct, but it was necessary to use this type in the 
flight investigation because of the extreme depth re- 
striction. 

Two slot types were investigated. 
took the air in tangentially to the airfoil surface ahead 
of the slot (Photo 5), and the ‘‘flush” type, 90° to the 
surface (Photo 1). 

The test setup provided for adjusting the slot width 
aud the slot taper (linearly) in plan form. Adjustment 
of slot taper was, of course, the primary means of ad- 
In some cases the 


The scoop type 


justing the span flow distribution. 
depth of the duct could be independently tapered. The 
single thickness sheet metal turning vanes were of var- 
ious designs and the spacing could be varied by remov- 
ing some of the vanes. 

Among the variables investigated were: (1) slot 
width; (2) slot taper in plan form; (3) duct taper in 
plane form; (4) duct taper in depth; (5) expansion 
rate below the slot; (6) type of expansion below the 
slot; (7) vane radius; and (8) vane spacing. 

The span distribution and the losses through the slot 
and vanes and along the duct were measured by flush 
statie orifices and by means of small adjustable total 
head tubes introduced into the duct. A glass bottom 
on the duct was used to permit flow observations by 
means of wool tufts. 

It was recognized that the internal losses determined 
without flow across the slot were unconservative be- 
cause of the uniform velocity distribution across the 
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Section of scoop slot with vertical duct. 
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SECTION THROUGH VERTICAL DUCT WITH 
FLUSH SLOT, SHOW/NG “STREAML/NE PLATE” 
7O CREATE BOUNDARY LAYER AT SLOT 
ENTRANCE. 


Fic. 3. ‘Streamline plate’’ on vertical duct. 


slot width in the “‘static’’ test. Accordingly, a number 
of tests were run with a boundary layer created at the 
slot entrance by means of the ‘‘streamline plate’ shown 
in Fig. 3. This introduced a boundary layer on both 
sides of the slot entrance and was therefore considered 
conservative compared with the actual case. It was 
found, however, that there was little effect on the slot 
and duct losses and the distribution, within the accuracy 
of the methods used, so that the results without the 
streamline plate were thought to be reasonably reliable 
for the actual case. 

The flight and wind-tunnel tests showed that the 
span distribution obtained with flow across the slot 
was different from that predicted from the static tests, 
however, which may indicate that this conclusion is 
invalid. 

The chordwise dimension of the 
limited by the rate of expansion of the chordwise di- 
mension below the slot. Accordingly, ducts were 
tested in which this angle was expanded at various rates. 
The greatest success was achieved by an expansion ad- 
justed to keep the cross section through which the air 
traveled as it negotiated the vanes contracting to pre- 
The vanes had a 


vertical duct is 


vent an adverse pressure gradient. 
radius greater than the vane spacing, so that in the 
chordwise direction the flow path contracts rapidly as 
the air goes through the vanes, permitting a rapid di- 
vergence in the chordwise plane. This principle of 
maintaining a favorable pressure gradient was found 
highly effective, and by applying it throughout the slot 
and duct system, it was found possible to prevent sepa- 
ration of flow altogether. Upon final adjustment of the 
better duct-slot combinations, it was found that the flow 
was sufficiently smooth to permit the introduction of a 
light wool strand through the slot at the wing tip,around 
the turn through the vanes, and along the length of the 
duct to the blower entrance without fluctuation of the 
wool or evidence of stalling, so that the wool took on the 
appearance of a wire bent to conform to the flow path. 
Under such conditions, the internal losses were reduced 
to values of about A///q, = 1,000, where 
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ga = (p/2) (Q/A)? 


and is selected as a parameter because it is independent 
of slot width, and the internal losses were, of course, de- 
pendent upon many other factors besides slot width. 
For a slot width of 1 per cent of the chord, this corre- 
sponds to 10 per cent of the dynamic pressure at the 
throat of the slot. On many of the initial tests, before 
stalling of the vanes or duct walls was eliminated by ad- 
justment, values of A///g, of 10,000 to 20,000, corre- 
sponding to 100 to 200 per cent of the throat dynamic 
pressure, were encountered. 

The spanwise distribution of flow removed from the 
wing surface was satisfactory over most of the span, 
upon final adjustment, but with only a linear adjust- 
ment of slot width possible, the tips of the ducts were 
inadequately provided for. 

Fig. 4 indicates the significance of the internal losses 
obtained. The blower power is put in terms of the 
familiar equivalent drag coefficient by assuming that 
the blower efficiency is equal to the airplane propulsive 
efficiency. If the hazardous assumption is made that 
the losses obtained in the ‘“‘static’’ duct test without 
airflow over the wing are representative of losses that can 
be achieved in flight, Fig. 4 shows that even with values 
of AH/q, = 10,000 the equivalent drag coefficient is 
small at flow coefficients necessary for drag reduction. 
In other words, at level flight speeds the blower power 
required to overcome the internal losses in the system 
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js small in comparison with the power required for air- 
plane propulsion. With AH/q, = 1,000, the drag is 
less than 0.0001, and therefore entirely negligible from 
the airplane performance standpoint. 

In the range of flow coefficients known from other 
tests to be required to obtain increases in maximum 
lift, however, the internal losses become significant, 
especially if these lift increases are desired at relatively 
high speeds, as for example, if boundary-layer control 
is to be used to improve the maneuverability of highly- 


loaded aircraft. 


WIND-TUNNEL PHASE 


For the wind-tunnel phase of the investigation a 4-ft. 
span rectangular wing was mounted between one wall 
and an 8 by 8 ft. end plate in the 8 by 12 ft. working sec- 
tion of the Lockheed wind tunnel (Photo6). The airfoil 
was an NACA 66, 3-318, a@ = 0.6 section. Drag 
measurements were obtained by means of wake surveys 
and lift by pressure distribution integration. The air- 
foil was fitted with flush suction slots with rounded en- 
tries and “‘vertical’’ ducts. Alternate slot locations of 
145, 60, and 75 per cent of the chord on the upper sur- 
face were tested. The slot width was adjustable and 
could be tapered linearly in plan form to adjust the span 
flow distribution. Attention was concentrated on slot 
widths of 2 and 3 per cent of the chord. The span dis- 
tribution of slot flow was indicated by flush static 
pressure orifices in the throat of the slot. For an un- 
tapered slot, they indicated uniform flow when they 
all read the same, but only gave a rough indication of 
the span flow distribution after considerable analysis 
when the slot was tapered. 

The tests were run at a Reynolds Number of about 
three million. The normally low turbulence in the 
Lockheed tunnel was increased considerably by the large 
end plate, so that the drag of the airfoil without suction 
was high, reflecting a largely turbulent boundary layer. 

A great deal of difficulty was encountered in obtain- 
ing uniform suction over the span even though the span 
was short. The distribution was fair over the central 
portion, but with the linear taper available it was not 
possible to get perfectly satisfactory conditions at the 
linboard and outboard ends, even with zero slot width 
at the inboard end. The span distribution, as indicated 
by flush static pressure orifices in the throat, was initi- 
ally far from uniform; in obtaining sufficiently uniform 
flow for drag measurements, the duct losses were in- 
creased to extremely high values so that they are be- 
lieved to be without significance. They were, however, 
great enough, as measured under these conditions, to 
offset any drag reductions obtained. 

The effect of slot location on the wake drag is shown 
in Fig. 5. With the rearward slot location, the mini- 
mum drag is reduced to half and the drag at high lift co- 
efficients to a little over a third its value without suc- 
tion. While this means important reductions in the 





Puoto 6. Boundary-layer control wing in Lockheed wind tunnel. 
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Fic. 6. 


thrust required of jet power plants, the total power re- 
quired, including the blower, was only reduced in the 
wind-tunnel tests at the higher lift coefficients because 
of the excessive losses in the slot-duct system. 

Fig. 6 shows the reduction in wake drag as the suc- 
tion is increased. Also shown is the minimum incre- 
ment in effective wake drag due to the blower power 
required. This is based upon rough calculation of the 
turbulent boundary-layer thickness at the slot and neg- 
lects the internal losses in the slot and duct system. 
This is certainly optimistic but serves to approximate 
a lower limit of the total effective drag under these 
conditions. 

The usual lift curve slope increase was obtained due 
to the suction and amounted to about 15 per cent at a 





Boundary-layer control test airplane in flight. 
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flow coefficient of 0.005. The pitching momeut co- 


efficient was increased by a like amount. 


FLIGHT-TEST PHASE 


The flight-test phase of the investigation was con- 
ducted on a special two-place P-38 airplane equipped 
with envelopes outboard of each boom. These enve- 
lopes were constructed of wood and had a test chord 
length of 100 in. The airfoil on the left, employed for 
the boundary-layer control tests, was 18 per cent thick 
of NACA 65-5 18 (a = 0.5) section. 
finished by the usual sanding and painting methods 
until the fairness, as indicated by a dial gage radius of 
curvature indicator with a 2-in. base, showed deviations 


The surface was 


from the mean of not exceeding 0.002 in. and generally 
less than 0.0015 in. Unfortunately, circumstances did 
not permit carrying out the original plan of drawing the 
boundary-layer air from the panel by means of an 
auxiliary blower and feathering the left-hand propeller. 
It was necessary to employ the much simpler expedient 
of using the left-hand turbo to provide the suction and, 
accordingly, was necessary to use the left engine when- 
ever suction was employed. Thus, no results are 
available without slipstream. 

A single flush suction slot, tapered in plan form, was 
located at the 60 per cent point of the chord (as far rear- 
ward as the depth available would permit). Since the 
envelope at this point of the chord was only about 3 in. 
thick (outside the metal surface of the wing, which for 
structural reasons could not be cut), the ducting prob- 
lem was difficult, and it was necessary to employ a 
“horizontal” type duct forward of the slot without 
turning vanes in the slot. Accordingly, the slot and 
duct losses were prohibitively high, and are not con- 
sidered to be representative of those that can be ob- 
tained in actual practice with a wing designed around 
boundary-layer control. This deficiency represents 
one of the most serious weaknesses of boundary-layer 
control research to date, and until it is remedied by slot 
and duct loss developmental tests in flight or in the 
wind tunnel on a wing duct system, no drag results can 
be considered to be of much significance. This is 
especially true because in both the wind tunnel and in 
flight the distribution obtained with flow over the 
wing was different from that obtained “‘statically.” 

The slot and duct system was designed to give uni- 
form flow coefficient over the envelope span. This was 
checked by measurement of the static pressure in the 
slot throat, with the airplane on the ground, and good 
span distribution was indicated. Upon checking the 
distribution in flight, however (using survey rakes in 
the slot), it was found that radical changes in the dis- 
tribution had occurred (Fig. 13). Thereupon it was 
necessary to install vanes dividing the duct into three 
spanwise segments, with which a satisfactory distribu- 
tion was obtained. This could probably have been 
obtained by adjustment of the slot width, but the vane 
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solution was a more rapid expedient. This result may 
indicate that ‘‘static’’ slot and duct tests without flow 
over the wing have no significance as far as distribution 
of flow and internal losses in flight are concerned. 

The measurement of internal losses was made at the 
entrance to the flow-measuring venturi at the root of the 
envelope, downstream of a settling chamber. This 
loss included the loss in the 180° turn through the slot, 
the subsequent 90° turn in the horizontal plane, and an 
additional 90° turn into the settling chamber. The 
horizontal duct was found in the tunnel tests to be 
definitely inferior to the vertical type and in this case 
was a high-velocity duct because of the extreme space 
restrictions. Also, there was no opportunity to provide 
a reasonable expansion into the settling chamber, so 
that the dynamic pressure in the duct was probably 
completely lost. The final blow was the fact that 
throughout the tests the forward lip of the slot was 
stalled, as shown by tufts, as would be expected with 
the extremely sharp radius necessary. As a result, the 
internal losses measured are meaningless but are shown 
to emphasize the importance of the internal flow 
problem. 

For purposes of analysis, the slot and duct losses 
measured in the “‘static’’ slot and duct tests are em- 
ployed. These losses must be considered to be optimis- 
tic until they are actually attained in flight, but there 
appears to be no sound reason that they cannot be ap- 


proached by careful design. 
I ‘ s 


FLIGHT RESULTS 


First, Fig. 7 is shown to give an idea of the influence 
of slipstream on the results. This shows the drag of the 
smooth envelope without slipstream, with slipstream, 
and with the transition fixed by a '/ in. ridge at the 
18 per cent chord point on both surfaces. It is inter- 
esting that the drag increase due to slipstream is about 
half that due to fixed transition, especially so in view 
of the results of Fig. 8 which show that the slipstream 
moved the transition forward to the 17 per cent chord 
point at all lift coefficients. The drag results with 
slipstream are, of course, reduced by taking into ac- 
count the dynamic pressure increase in the slipstream, 
as though the airplane were moving with slipstream 
speed. 

As an aid in interpreting the flow coefficient Co, 
which is used to define the amount of air removed, Fig. 
9 shows the portion of the boundary layer removed at 
various flow coefficients. The boundary-layer profile 
was measured 2 per cent of the chord ahead of the slot 
and is typical of the turbulent profiles obtained. It is 
apparent that flow coefficients much greater than 0.005 
would hardly be worth-while at this lift, since at that 
coefficient almost all of the boundary layer ahead of the 
slot has been removed. 

Figs. 10 to 12 show the effect of increasing amounts 
of suction on the profile drag coefficient, at three lift 
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coefficients, the first two being for the smooth wing 
with slipstream, and the third for the wing with unfair- 
ness of the magnitude found by measurement on 
several Lockheed airplanes to be typical of metal con- 
struction at that time. The unfairness was introduced 
by sanding spanwise flats in the surface until dial gage 
measurements indicated the desired degree and extent 


of unfairness. 
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These curves show the various components of the 
“effective’’ drag: first, the wake drag; second, the 
ideal blower power calculated from the energy losses 
in the measured boundary-layer profile at each flow co- 
efficient; and, finally, the almost negligible slot and 
duct losses, taken from the ‘‘static’’ measurements dur- 
ing the duct phase of the investigation and not from 
measurements in flight. Finally, the total effective 
drag measured in flight is indicated for comparison only. 

The wake drag is composed of the drag of the lower 
surface and the drag of the upper surface aft of the slot. 
To some extent the outer portion of the boundary layer 
ahead of the slot also enters to a decreasing extent, as 
the flow coefficient is increased. Goldstein*® has shown 
recently how this wake drag can be decreased by de- 


signing the airfoil so that a favorable pressure gradient 
exists aft of the slot instead of the steep unfavorable 
gradient existing in these tests. The gain from slots 
on the lower surface, which would decrease the wake 
drag at the expense of more blower power, must be 
evaluated against the practical difficulties. The ideal 
blower power, of course, can best be reduced by main- 
taining an extensive laminar boundary layer. 

Fig. 14 shows the effect of several values of the flow 
coefficient on the profile drag at various lift coefficients 
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and a comparison of the smooth wing without slip- 
stream. These profile drags again include the wake 
drag and the blower power determined from the meas- 
ured energy losses in the boundary layer plus the in- 
ternal losses based on the best values obtained in the 
“static” duct tests—i.e., AH/q, = 1,000. Inci- 
dentally, the smooth wing without slipstream has a 
drag coefficient about 20 per cent higher than would 
be expected from the extrapolation of the results of 
N.A.C.A. two-dimensional low turbulence tunnel re- 
sults. (The flight Reynolds Numbers ranged from 
about 10 to 25 millions.) The difference may be either 
Reynolds Number effect or smoothness effect but agrees 
with the fact that the flight transition location is some- 
what ahead of the suction peak. 

It appears from this figure that total drag reductions 
from boundary-layer control of the order of 0.001 to 
0.0015 should be possible at level flight speeds, on 
present-day production wings, none of which are be- 
lieved to have particularly rearward transition points. 
If this result appears disappointing, it should be re- 
membered that disproportionate performance gains 
might be achieved by such means as driving the blowers 
with internal combustion engines and using jet power 
to balance the wake drag only, or by simply using the 
jet engines directly to supply the suction.” 

Furthermore, it must be emphasized that no results 
have been presented showing the effect of suction on 
wings having extensive laminar boundary layers. 
While such wings probably exist now only for test pur- 
poses, and while enormous difficulty was experienced 
in this investigation in obtaining sufficient smoothness 
to get laminar boundary layers, the problem of con- 
struction may eventually be solved. Then the promis- 
ing results indicated by Goldstein*® become applicable. 

Finally, nothing has been said about the long-recog- 
nized possibility that boundary-layer control may offer 
drag reductions at supercritical speeds through re- 
duction of the effect of shock waves nor about im- 
provements in maneuverability and in landing speeds 
due to lift increases, nor about improved take-off dis- 
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tances and emergency rates of climb due to reduced 
drag at high lift coefficients. 

The results of this investigation are confined to the 
following: 

(1) Slot and duct results obtained without flow over 
the wing are favorable but may not be applicable di- 
rectly to flight. 

(2) Under the turbulent boundary-layer conditions 
encountered, the use of boundary-layer control in 
flight and in the wind tunnel resulted in large wake drag 
reductions, but the high internal losses prevented ob- 
taining net drag decreases. If these internal losses can 
be reduced to values obtained in tests without flow over 
the wing, appreciable net drag reductions can be shown. 
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Induced Deflection Angle in Cascades 


W. R. Hawthorne 

George Westinghouse Professor of Mechanical Engineering, Gas 
Turbine Latoratory, M.I.T., Cambridge, Mass. 

January 15, 1949 


| Fngg F. HAUSMANN’S paper on ‘‘The Theoretical Induced 
Deflection Angle in Cascades Having Wall Boundary 
Layers,’”’ published in the JOURNAL OF THE AERONAUTICAL 
ScieNcES, Vol. 15, No. 11, p. 686, November, 1948, suggests the 
following discussion of this problem. Let us assume a flow 
pattern similar to that shown in Fig. 1 of the above reference, 
except that the number of blades in the cascade (B) is infinite; 
and let us confine the discussion to velocities averaged over the 
blade spacing in a plane at the center of the span of the blade. 
The flow is made up of a flow due to the bound vortices and a 
flow due to the trailing vortices. The trailing vortices will have 
no effect upstream at infinity, but, as Mr. Hausmann has shown, 
the bound vortices will produce a tangential component cup, = 
I'av./27, where Tyy. is the average circulation along the lifting 
lines and 7 is the blade pitch. Hence, the simple translational 
velocity, obtained by removing the effect of the vortices from the 
field, will have an axial component c,, and a tangential com- 
ponent (Cy, — Cys). Subtracting this translational flow and 
the flow due to the bound vortices from the downstream infinity 
flow to obtain the flow due to the trailing vortices only, we obtain 
components (Cz, — Cz,) and (Cy, — Cy, + 2p). (See Fig. 1 
herewith 

At the blades it may be shown that the velocities induced by 
the semi-infinite trailing vortices are half the values at infinity. 
Here, the effect of the bound vortices is zero, and the flow con- 
sists of components due to the translational flow and the semi- 
infinite trailing vortices, which, when added, give an axial com 
ponent (cr, + Cr,.)/2 and a tangential component (cy, + Cy) /2 
This result, which is similar to that obtained by Ruden (.V.A.C.A. 
T.M. No. 1062, 1944) for an annular caseade, permits calculation 
of the induced deflections if use is made of the Kutta-Joukowsky 
principle leading to the assumption that the magnitude and 
direction of the velocity at an airfoil, represented in this case 
by a lifting line, determines uniquely the circulation around the 
airfoil. In cascade practice it is customary to neglect the effect 
of changes of inlet angle on the outlet angle, whence, using Mr. 
Hausmann’s nomenclature 


cot §2” = }2/[1 + (cz,/cz,)]} cot Be (1) 
Now 

Czq — C2, = (Cy — Cug — 2Cype) COt Be (2) 
and since Cy; — Cy, = Ttlo, where To is the circulation around one 


blade in the centerspan plane, 


Czp — Ce, = (1/r)(T. — Trav.) cot Be (3) 
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Fic. i. Flow at blades in a cascade of airfoils with varying 
circulation. (a) Actual flow; (b) translational flow obtained 
by subtracting flow due to vortices from (a); (c) flow due to 
trailing vortices at downstream infinity obtained by subtracting 
(b) and flow due to bound vortices from (a); (d) flow at blades 
adding (a) to '/2 (c). e) outlet angle 8.’’ in two-dimensional 
flow ['o/r dependent only on vector ¢» and 6,’’ independent of 3). 


Note that, when 8. = 7/2 (the example used in Fig. 5 of the 
paper), there are no induced axial velocities and 82” = Bo. 


Within the above assumptions it is concluded that the induced 
deflections are due to the axial components only of the induced 
velocity. Small corrections to Eq. (3) are necessary if the 
induced velocity at the blade is required rather than the average 
over the blade pitch. 

It will be noted that continuity is satisfied by spanwise flow 
near the blades. 

The above analysis leads to the conclusion that the deflection 
in the cascade of finite span is larger than in the cascade of in- 
finite span. However, it is doubtful whether this method of 
representing the flow is adequate because it obviously does not 


account for all the boundary-layer effects. 


Transform and Variational Methods in 
Supersonic Aerodynamics 


lohn W. Miles 
Department of Engineering, University of California at Los Angeles 
January 21, 1949 


r ! Mie USE OF Fourier transforms in the solution of linearized 
airfoil problems was originally suggested by von Karman, 
who first applied it to both subsonic! and supersonic? problems 


Extensive use of transform theory has also been made by S. 


'von Karman, Th., Neue Darstellung der Trae fluceltheorie, Z.A.M.M., 
Vol. 15, pp. 56-61, 1935 

2 von Karman, Th., Supersontc Aerodynamics, Principles and Applications, 
Journal of the Aeronautical Sciences, Vol. 14, pp. 373-404, 1947; see also 
H. R. Lawrence, Applications of the von Karman Theory of Linearized Super- 
sonic Fl Northrop Aircraft, Inc., Report GM-106 (A-79), Part [, 1947 
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READERS’ 


Goldstein and his colleagues at Manchester, the work of Gunn’ 
being most pertinent to the present discussion. 

The use of transforms in references 1 to 3 was, however, re- 
stricted to the streamwise coordinate, whereas it appeared ad- 
yantageous to the writer to transform with respect to both the 
streamwise and spanwise coordinates. Such a study has re- 
cently been carried out,‘ and a brief résumé of some of the results 
follows 

Let J and 7 represent Fourier transform operators, defined 
such that 


I] . 
f(x, = T | F(u, v } = JS 


2a 


» du Epa dv X 


F(u, v) exp[i(ux + vy)] (la) 


: 1 un ss 
Fu») = Tif) = 5 SW dv Sadr f(x, y) X 
exp[—i(ux + vy)] (1b) 


where lower and upper case letters indicate functions in physical 
space (x, y) and their transforms in the (u, v) spectrum, re- 
spectively. A solution to the linearized, hyperbolic, potential 
equation for a supersonic flow (at a Mach Number of 7/2) 
directed along the x axis, viz., 


yy + doze = Grz (2) 
is given by 
sae a -T4 1 5 ’ vy [am dla? site ‘ 
o(x, ¥, 2) = Ts] — + rd(u) [P(u, v) exp [—t(u? — v?) /*z] 2 (3) 
tu f 


where the path of integration passes under and over the branch 
points y = — mu and vy = + (4), respectively, and under the 
pole « = 0. This solution vanishes identically far upstream, 
reduces to a two-dimensional “‘incompressible’”’ flow far down- 
stream (the Trefitz plane), and at the upper surface of the wing 
s = 0+), yields 

$:(x, y,O+) = v(x, y) (4) 
so that it is essentially a solution to the asymmetric (lifting sur- 
face) wing problem for the half space z > 0, based on the dimen- 
sionless pressure y(x, y) on the upper surface of the wing. 

If y(x, ¥) is prescribed on the wing (it vanishes at z = 0 off the 
wing), the problem is of the first kind, and Eq. (3) furnishes the 
desired solution. If, as is more usually the case, the down-wash 
is prescribed on the wing, equating this down-wash to ¢,(x, y, 0+) 
from Eq. (3) and setting y(x, y) = O off the wing yields a dual 
integral equation, and the problem is of the second kind. A 
general solution to this latter problem has not yet been given, 
and it is therefore of interest to cast it in variational form. It is 
found that the drag coefficient (not including thickness drag) 


may be written 


4(\7? — 1)7— Cp i= § Ppa dp J dv A(p, ») x 
P(u, v Fi S- o Ou Ft >» dv G(p, v) Ti, v) 2? (5 
G(u,v) =u 1(u? - y?)' 7+ wi(u) v (6) 


where S is the wing area and A (uy, v) is the complex conjugate of 
the transform of the angle of attack distribution a(x, y). Eq. 
(5) is a variational expression of a type due to Schwinger, who 
first used it in diffraction studies. It is found to be an absolute 
minimum with respect to arbitrary variations (not merely first 
order) of T'(u, v) about its true value. Thus, the integral equa- 
tion for the problem of the second kind is associated with a 
variational principle, which may be utilized to obtain approxi- 

*Gunn, J. C Linearized Supersonic Aerofoil Theory, Parts I and II, 
Phil. Trans. Roy. Soc. London, Vol. 240 (A820), pp. 327-373, December 9, 
1947 

‘Miles, J. W., On Linearized Supersonic Airfoil Theory, North American 
Aviation, Inc., Report AL-801, November 1, 1948 

*Schwinger, J. S., unpublished lectures at M.I.T. Radiation I aboratory, 
1944: Levine, H., and Schwinger, J., Ph. Rev., Vol. 74, pp. 958-974, 1948. 
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mate solutions. A similar formulation may be given to the 
symmetric problem of the second kind—i.e., finding the required 
thickness distribution to produce a prescribed pressure dis- 
tribution at zero lift. 

Certain of the transform integral equations may be solved 
directly. The problem of the ‘‘simple plan form,” having no 
subsonic edges, may be solved by a direct application of the 
Faltung theorem. A more difficult problem, the case of the 
rectangular wing of large aspect ratio (greater than one at 
M = +2), may be solved by the Wiener-Hopf technique.’ 
The solution so obtained is valid for arbitrary distributions of 
twist, camber, and thickness and may readily be extended to the 
rectangular wing of arbitrarily small aspect ratio. While these 
results are not essentially new, since conical flow methods are 
applicable, the technique may also be applied to the nonsteady 
motion of the rectangular airfoil to obtain a solution in closed 
form. 

As another illustration of transform techniques, the flow in the 
Trefitz plane (x = + ©) may be calculated by making use of the 
behaviour of the transform at the origin (u = 0). The result is 


1 » ‘ 
@ (~,¥,2) = on Pe wo dv Sat de v(&, n) exp[iv(y — n) — v2] 
(7a) 
= (2/n) Sg di Sdn [v(E, n/ (22 + (9 — 0) (7b) 
It is proposed to publish more detailed results at a later date. 


6 Titchmarsh, E. C., Theory of Fourier Integrals, Oxford, p. 51 (2.1-8), 
1937. 

7 Wiener, N., and Paley, R., The Fourier Transform in the Complex Domain 
Amer. Ma. Soc. Colloq. Publ., Vol. 19, Chapt. IV, 1934; also E. Reissner, 
J. Ma. and Ph., Vol. 20, pp. 219-223, 1941. 


Suitability of Flying Wings as Jet Airplanes 


J. V. Foa 

Head of Propulsion Branch, Cornell Aeronautical Laboratory, Inc., 
Buffalo, N.Y. 

December 13, 1948 


Pm MONTHS have passed since you published a paper by 
I. L. Ashkenas! in which he presented an illuminating dis- 
cussion of several aspects of the general problem concerning the 
range of jet-propelled aircraft. This study is of particular inter- 
est to the aerodynamicist because it constitutes a broad and 
incisive introduction to the whole subject. It appears, however, 
that the important implications of the theoretical results pre- 
sented there have escaped the attention of many aeronautical 
designers who may be acutely interested in one particular facet 
of the investigation—namely, the question of what configuration 
is optimum for maximum range with jet propulsion. Conse- 
quently, it seems worth while to recapitulate and further inter- 
pret the steps propounded in Mr. Ashenkas’ paper. 

It is shown in Fig. 3 of that paper that, of all the configura- 
tions studied there, the one that gives the minimum range with 
jet propulsion is very close to the theoretical flying wing, whereas 
the minima of R,/Rp (that is the maximum ranges) occur for 
v/V» values of large magnitude—i.c., the volume enclosed by the 
body in a wing-body configuration must be several times as 
large, in general, as that enclosed by the wing if maximum range 
is to be attained. It is further indicated that this ratio of vol- 
ume-of-the-fuselage to volume-contained-in-the-wing increases 
rapidly as the wing thickness decreases. These results are so at 
variance with the generally accepted dictum that the flying 


1 Ashkenas, I. L., Range Performance of Turbojet Airplanes, Journal of 
the Aeronautical Sciences, Vol. 15, No. 2, pp. 97-101, February, 1948. 
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wing embodies the aerodynamic ideal that further explanation 
would appear to be in order. 

In order to gain rudimentary insight into the reason why a 
change in the means of propulsion (from conventional power- 
producing reciprocating engines to the more recently utilized 
jet-thrust generators) brings about a profound change in type of 
airplane which is best suited to carry out a long-range mission, 
it is necessary merely to review aid extend the argument per 
taining to range performance which is usually given in textbooks 
on aerodynamic theory. It is found in Millikan’s -lerodynamics 
of the Airplane,? for instance, that the following statements are 
made for the case of a conventional propeller-driven airplane: 

“Within the range of interest the variation of propulsive ef- 
ficiency and specific fuel consumption is usually small enough 
so that a fairly accurate first approximation can be obtained by 
assuming average constant values. With these assumptions we 
have: 

“Maximum range ~ minimum pounds of fuel consumed per 


mile ~ 


(Ib. fuel/mile),, ~ (lb. fuel/hour) |1/(miles/hour Ib. fuel/ 
b. hp. X hour) (b. hp./V/)min. ~ [¢ (Pn/V(1/n)| min. ~ [(C/n 
(TV/V)\mine ~ [(¢/n) D)] min. ~ D,; oa eS) 
Hence, if ¢/p = constant, maximum range would be obtained by 


flying always at the attitude for maximum L/D.”’ Of course, 
this result implies the flying-wing configuration to be the aero 
dynamic ideal. 

If we now turn to the case of airplanes driven by jet-thrust 
generators, particularly rocket-driven or turbojet-propelled de- 
signs, the same type of argument leads to an equally forceful but 
different conclusion. In this case we must remember that, to 
the same slight degree of approximation as assumed by Millikan, 
the specific fuel consumption c, in pounds per horsepower-hour, is 
inversely proportional to the velocity; or it may be said, as on 
page 97 of reference 1, that the pounds of fuel required per pound 
of thrust developed per hour, cy, is constant with speed. Then 
we have for the jet airplane: 

Maximum range ~ minimum pounds of fuel consumed per mile 


(Ib. fuel/mile) nin. ~ (Ib. fuel/hour) [1/(miles/hour)],;,. ~ (Ib 
fuel/Ib. thrust X hour) (Ib. thrust/V) min. ~ cof (T/V| min. ~ 
MAD] Vil mine ™ (DV) wins VED) CV / Ene 


How then does one select a configuration that gives a maximum 
for the product (L/D) (V/L)? Note that, as in the previous 
case, the flying-wing will produce a maximum L/D, but the sec 
ond factor here gives a different aspect to the problem. Its 
presence introduces the fact that the given weight (or lift) must 
be carried on a wing traveling at maximum speed—i.e., the wing 
area should approach zero, and thus the airplane becomes all 
Somewhere between these two extremes one can expect 
Consequently, it 


body. 
to find the true maximum of the product. 
would appear from this simple argument that the optimum com- 
promise to the two trends will be a wing-body configuration of 
some as yet unspecified nature rather than a flying-wing 

It should be emphasized that the difference in the fuel con- 
sumption criteria applied above to the cases of the reciprocating 
engine-propeller and of the turbojet is not a matter of definition 
but is rooted in the difference in the effect of velocity on the 
efficiency of the two power plants as thrust-producing mecha- 
nisms. 

The determination of what exact ratio between wing drag and 
so-called parasite drag is optimum depends to some extent on 
such parameters as discussed by Mr. Ashkenas. Despite the 
fact that his Fig. 3 appears to show that at high wing-thickness 
ratios the flying wing could again equal and surpass the wing- 
body configuration in attaining maximum range with jet propul- 


2 Millikan, C. B., Aerodynamics of the Airplane, pp. 130-131, John Wiley 
and Sons. Inc., New York, 1941. 
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sion, it should be realized that, if more realistic values of space 
utilization were taken into account (rather than equality for the 
wing with the body, as assumed for the purposes of that figure). 
then it would be found that the wing-percentage thickness at 
which the flying wing could again begin to compare favorably 
with a wing-body configuration would be so large that the drag 
assumptions no longer would hold. The foregoing limitations 
on feasible wing-thickness ratios are likely to become even mor 
stringent as compressibility effects are encountered at high 
speed. 

It is worth a cautionary note to point out that the problem 
under discussion is not one of maximization of range for a given 
wing—that is, one does not hang drag items on a given flying 
wing, even when jet-propelled, in order to make it go farther 
In the design stage, however, it is necessary to know how to 
apportion the drag between a wing and a drag-producing en 
closure(for the given amount of fuel and other weight producing 
requirements) in such a way that the weight will be supported 
by a wing lift that is generated at just such a speed and over 
such an area of wing that the fuel will be used most effectively in 
covering distance. 

Not only does the aerodynamic argument disclose that, with 
jet propulsion, the flying wing is not the optimum configuration 
for long range, but, in faet, the analysis establishes the result 
that the flying wing is almost indistinguishable from the worst 
possible selection of all the wing volume to fuselage volume 
ratios that were presented by Mr. Ashkenas. This conclusion 
has been arrived at by the consideration of only the prime vari 
ables that directly affect the range performance of aircraft, and 
it is clear that a more comprehensive study should be under 
taken to determine the optimum configuration in each case of 
interest. It is, however, important to note that, although the 
true optima that would thus be established might differ consider 
ably from those indicated in reference 1, Mr. Ashkenas’ theoreti 
cal proof that the flying wing is not the optimum configuration 
for maximum range with jet propulsion would no doubt be cor 
roborated by such a study. The disadvantages of the flying 
wing with respect to such important aspects of design and per- 
formance as space allocation, visibility, behavior at the stall, 
landing speed, etc., have been recognized for over 30 years in some 
cases; and with regard to the critical issue of stability and control, 
the deficiencies of the flying wing are adequately summarized in an 
official survey issued by the Stability Research Division of the 
N.A.C.A.° as follows: 

“On account of the difficulties encountered in obtaining ade 
quate stability and control with tailless airplanes, it appears 
that a thorough reevaluation of the relative performance to be 
expected from tailless and conventional designs should be made 
before proceeding farther with stability and control studies.” 

Consequently, one may well wonder what considerations, if 
any, can be offered to justify the further development of the 
flying wing as a jet airplane, now that a careful consideration of 
the implications of Mr. Ashkenas’ treatment shows that this 
configuration no longer embodies the aerodynamic ideal 


(Compiled Material from Langley Stability Research 
Control of Tailless Airplane 


? Donlan, C. J 
Division), An Interim Report on the Stability and 


N.A.C.A. T.R. No. 796, p. 1, 1944 


Author’s Reply 

I. L. Ashkenas 

Northrop Aircraft, Inc., Hawthorne, Calif. 
January 14, 1949 


M* Foa (above) seems to have found, after careful analysis 
of the paper I authored,! that the jet-propelled flying 
He is re- 


wing ‘‘no longer embodies the aerodynamic ideal.” 
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inforced in this opinion by the manifold difficulties of stability 
and control of this type as presented by an N.A.C.A. study that 
raises the question as to whether these difficulties in stability 
and control can be traded for improved performance. Happily, 
the N.A.C.A. has answered this question‘ for reciprocating- 
engined airplanes, and it concludes that “large all-wing tailless 
airplanes may have better performance characteristics than 
their equivalent conventional or tail-boom airplanes, when de- 
signed as bombers or long-range transports.”’ 

This conclusion does not necessarily apply to the jet-powered 
flying wing and, in this field, Mr. Foa has found, in the simple 
analysis that I considered an “unreliable guide to optimum 
airplane design,” that for this type of power plant” . . . the flying 
wing is almost indistinguishable from the worst possible selec 
tion. I am indeed chagrined to find that the ideas that I 
attempted to convey in the paper referred to were so poorly ex 
pressed as to result in conclusions exactly opposite to my own 

I tried to point out, for example, that consideration of a jet- 
propelled airplane flying at a given altitude would yield erroneous 
results because, for best range, the altitude should increase with 
decreasing weight. Apparently this point was not well made be- 
cause, in proving to himself that the all-wing could not possibly 
be an optimum jet airplane, Mr. Foa indulges in a simple analy- 
sis that assumes flight at a constant altitude. This assumption 
has an appreciable effect on the optimum volume disposition, 
changing the curves of Fig. 3, reference 1, in such a way that, 


for example, the curve for kn/kw = 0.20 shown closely approxi 
mates the curve for k,/k» = 0.30 for constant altitude flight. 
In other words, assuming that the airplane geometry under 
consideration corresponds to k,/k» = 0.30 then calculating the 


optimum airplane by the methods of reference 1, for the case of 
flight at constant altitude, the optimum is an airplane with 
V/V» = 10, whereas for flight at varying altitude above 35,000 
ft., the optimum corresponds to V/Vy = 1. 

Fig. 3, itself, apparently needs clarification, because Mr. 
Foa’s letter indicates that from a study of this figure alone it is 
concluded that the flying wing gives minimum range. Fig. 3, 
in fact, is a graphical representation of the functional relation 
ship between range, volume disposition, and the geometric 
shape parameter k&,/Rkw. Until the shape parameter is fixed in 
some way, Fig. 3 has no real significance. The curves of Fig. 4 
are intended to help in the determination of representative values 
of k,/k», and they show that, under certain assumptions, the 
values of k,/ky likely to be encountered for reasonable (by 
present-day standards) configurations are all greater than about 
0.25. Mr. Foa objects to the assumptions underlying these cal- 
culations on the grounds that equality of space utilization for the 
wing and body is unrealistic. This is certainly a valid criticism 


‘Ankenbruck, McKinney, Generalized Performance Comparison of Large 
Conventional, Tail-Boom, and Tailless Airplanes, N.A.C.A. T.N. No. 


1477, October, 1947 
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for small airplanes, but, for large wings, studies made by North- 
rop Aircraft have shown space utilization factors as high as 75 
per cent of total internal volume. It should be recognized, also, 
that the calculation of &,/ky», as presented in reference 1, as- 
sumes equality of the skin-friction drag coefficient for wings 
and bodies. This assumption is considered unfavorable to the 
wing because, for most configurations the eventual possibility of 
achieving laminar flow will be greater for the wing than for the 
body. It must now be clear that the actual value of k,/kw to be 
used will depend greatly on the skill of the designer and that the 
possibility of accurately defining this parameter in a general 
way does not exist. 

Finally, the calculation of an aerodynamic optimum cannot be 
considered definitive in any way, as was pointed out in the refer- 
ence paper. For the optimum long-range airplane, the effect of 
configuration variables on the weight is equally as important 
as to the effect on the aerodynamic efficiency. Any calculation 
that neglects these effects can be in serious error and should 
certainly not be considered as justification for the elimination or 


advancement of a given configuration. 





Porous Cooling 


Lester Lees 

Associate Professor, Aeronautical Engineering Department, 
Princeton University 

January 20, 1949 


I READ WITH GREAT INTEREST E. A. Richardson’s comments in 

the January, 1949, Readers’ Forum on recent work on porous 
cooling. Richardson objects that several recent papers ignore 
the fact that heat flow in a moving gas is vastly different in a 
stationary gas, since almost no heat can be conducted upstream 
against the flow. I should like to point out that in ordinary 
boundary-layer theory we go Mr. Richardson one better and 
ignore the upstream conduction of heat entirely! The term 
involving 0?7°/Ox? in the energy equation is dropped, because 
the heat conduction in the main flow direction is negligible com- 
pared with heat conduction in the direction normal to the sur- 
face. It is well known that the solution obtained is a good 
approximation to the physical flow, provided the Reynolds 
Number is not too low. 

So far as the laminar boundary-layer theory of porous cooling 
is concerned, a far more serious objection is that fluid is injected 
through a finite number of pores, while the theoretical analyses 
so far have assumed continuous injection. While the theory un- 
covers the important physical variables, it can give onty a general 
average indication of the actual process occurring 
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